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1. INTRODUCTION
This volume has two purposes. The first is to present the
reasoning which led to the selection of TRWWs recommended Voyager
spacecraft system design in satisfaction of the work statement and the
guidelines of the Task D study. The second is to present TRW's upgraded
spacecraft system design to i11ustrate a means of satisfying more ambi-
tious Voyager mission objectives- particularly in the quantity of data to
be returned-- and to demonstrate the extent to which the recommended
design incorporates features permitting growth to upgraded future
mis sions.
The selection of the recommended design is based on two lines of
reasoning. Section 2 addresses the question of the appropriate space-
craft sizing, particularly the establishment of propellant capacity. This
is coupled intimately with the consideration of certain operational alter-
natives- particularly those implying different propulsion requirements --
which are discussed in Volume 2 in the context of the recommended
system performance and here in general. The results of Section 2 are
that a usable propellant capacity of i6,000 pounds is appropriate for
either Case A or B capsule weights, and that the spacecraft structure
should be capable of accommodating capsules up to 8000 pounds.
Section 3 considers design alternatives independent of the question
of propellant and structure sizing. The approach to verifying that the
chosen design is optimum is basically that of comparing it with a number
of alternate approaches which are identified. Only alternates which
transcend subsystem boundaries and have system-wide implications are
treated here; alternates whose implications are confined to one subsys-
tem are treated in the appropriate sections of Volumes 3 and 4. Sections
3.2 to 3.6 consider alternate system approaces inwhich subsystem and com-
ponent designs differ from those of the recommended spacecraft. Section
3.7 considers alternates created by using essentially the same subsystem
and component designs, but with different implementations of redundancy.
Alternates are considered in each subsystem for which they are appro-
priately proposed. The objective is to verify that the recommended
i-i
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design provides the greatest system reliability of any combination of
redundant subsystems, subject to the realities of implementation and a
limit on weight to be allocated to this purpose.
The final section of this volume is devoted to the presentation of a
spacecraft concept (the upgraded spacecraft) which has been proposed as
a means of attaining substantially increased performance, in comparison
with the recommended spacecraft design defined in previous volumes of
this report. This upgraded spacecraft design is equally feasible within
the capability of the Saturn V launch vehicle, and conforms to the basic
ground rules of the study. The recommended and upgraded spacecraft
concepts illustrate how the capability of the launch vehicle may be more
fully exploited to produce a margin of performance beyond that achieved
solely for the specification mission requirements. The upgraded space-
craft, in addition, provides a substantial increase in spacecraft-to-earth
communications capability. The purpose of presenting this concept is
twofold: first, it illustrates a target towards which evolutionary upgrad-
ing of the Voyager mission may logically strive from more modest initial
goals in 1973; second, by identifying areas in which the greatest perfor-
mance gains of future missions are likely to be realized, it is possible to
incorporate into the baseline design (with a minimum penalty) features
which permit the upgrading of this design for future missions to be
accomplished with a minimum incremental effort in redesign, testing,
etc. This philosophy has been followed, and this report points out areas
in which the recommended spacecraft design has included such provision
for upgrading.
Section 4 indicates the scientific basis for upgrading mission and
communications performance, describes TRW's upgraded spacecraft
design, and presents performance analyses corresponding to this design.
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2. RATIONALE FOR SELECTED SPACECRAFT SIZING
2.1 INTRODUCTION AND SUMMARY
The recommended spacecraft system design embodies a usable
propellant capacity of 16,000 pounds, and a structural subsystem capable
of carrying capsules up to 8000 pounds, and of carrying spacecraft science
payloads and subsystems some 600 pounds above the present allocation to
these categories. The rationale leading to these selections, applicable
for capsule weight programs, Case A and B, is presented in Section 2.
The central theme of this rationale is that the optimum Voyager
spacecraft design not only satisfies nominal mission requirements, but
provides the greatest exploitation of the capability of the Saturn V launch
vehicle and also provides the greatest flexibility and selectivity in the
utilization of this excess performance capability.
Section 2.2 develops a scaling model for the spacecraft, covering
variations in propellant capacity and variations in increased {solid)
payload. Section 2.3 identifies alternate means of allocating and utilizing
performance margin. Section 2.4 illustrates the method of analysis used
to identify performance capabilities and requirements from the charac-
teristics of interplanetary trajectories and the choice of orbits about Mars.
Section 2.5 shows what total weight capability may be achieved for
each opportunity, for various combinations of launch period, orbit size,
orbit rotation, and choice of arrival date. An optimum selection of
propellant capacity for a single mission is implicit in these results.
Section 2.6 recognizes that meaningful design optimization must satisfy
the four opportunities collectively. In that section candidate mission
plans are identified, each defining a somewhat different allocation of
performance margin over a sequence of four opportunities. The range
of propellant capacities which satisfies the envelope of this sequence is
indicated for each mission plan. These results are interpreted, leading
to the sizing selections indicated above, as providing the greatest flexibility
and selectivity in matching the performance capability to the various ways
in which this capability can be utilized to enhance the Voyager mission.
2-1
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2.2 SCALING MODEL FOR SPACECRAFT WITH VARIABLE
PROPELLANT CAPACITY
To determine an optimum propellant capacity for the recommended
spacecraft system design, it is necessary to examine the performance
of spacecraft with different capacities for propellant, and to compare the
performance of the different alternates. Therefore, it is necessary to
define a scaling law which permits us to determine the variation in weight
which must be allocated to spacecraft structure and the (dry) propulsion
system as a function of propellant capacity provided.
In addition to the propellant capacity, it is appropriate to examine
the effect on the spacecraft structural weight of the payload weight which
may be carried. While the Task D contract guidelines identify two cap-
sule weight programs (Case A and Case ]3) the performance achievable
by the spacecraft has enough excess margin that it may be desirable to
allocate some of this margin to an increased payload, either by increasing
the capsule weight, or by adding to the spacecraft subsystems or science
payload. Therefore, a scaling law which indicates spacecraft weight as
a function of additional dry payload capacity is appropriate for the sizing
optimization.
Several approaches are possible for the generation of a scaling
model to reflect variations in spacecraft design weight according to
propellant and payload capacity. One approach is to actually design and
determine the weights of several different spacecraft configurations which
are generated for this particular purpose, and in addition to the space-
craft whose design is presented in detail as the recommended configura-
tion. A scaling law may then be defined by interpolation between the re-
sults of these various alternates. The disadvantages of this method are
that it consumes a considerable amount of effort to achieve weight esti-
mates for the alternate spacecraft designs which are accurate enough to
lead to a reasonable scaling law by interpolation, and that even then, a
fair comparison with the recommended design is not always achievable,
because of the more extensive refinement which has gone into the latter.
A second approach, which is used in this section, is to have only
one detailed spacecraft design---the recommended spacecraft system
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defined in the preceding volumes of this report-and to define the scaling
law by linear extrapolation away from the recommended design, which
serves as a base point. The chief disadvantage of this method is that for
extensive changes in capacity, a linear model is not always the truest,
particularly if the sizes differ enough that the ground rules of one approach
are no longer optimum, and the different design approach is more appro-
priate. However, the advantages which accrue, principally the accurate
identification of the appropriate trend for reasonable changes ih capacity
based on deviations from a refined base point design, and achievable
without the application of extensive effort, outweigh these limitations.
The intermediate results of this approach for the scaling are indi-
cated in Table 2-1, showing the linear penalty on spacecraft weight im-
posed by changes in either propellant capacity or in solid payload capacity.
To construct this table, the implications of design changes necessary per
pound of increased propellant capacity or solid payload capacity were
determined by examining each component of the detailed weight statement
of the recommended spacecraft, identifying its sensitivity to increased
capacity, and by summing all such required changes into the categories
shown.
An increase in spacraft propellant capacity requires an increase
in three major areas:
The spacecraft structural subsystem weight must be
increased, because the main longeron and shear
panel structure of the equipment module must grow
to an expanded perimeter to encompass the larger
propellant tanks.
The propellant subsystem itself (dry and inert
weights) is substantially increased, reflecting
the increased propellant tank sizes and gages,
the increased propulsion module structure, in-
creased supply of pressurant gas and the tanks
for such gas, anda small increase in residual
(unusable) propellant.
The adapter weight must be increased to carry the
additional planetary vehicle weight corresponding
to utilization of the increased propellant capacity.
2-3
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Table 2- I. Scaling Model Factors give the weight penalty imposed on
spacecraft structural and propulsion systems and adapter
per pound of additional capacity
To provide the capability of
carrying additional planetary
vehicle weight in these
categories, , =
these areas must be enlarged
and strengthened, incurring
these weight increases
nt)
Liquid Payload
(Increased
capacity for
usable propel-
Spacecraft structural
subsystem 0. 0240 Ib/Ib
Spacecraft propulsion
subsystem 0.0811 ib/Ib
Adapter (at 50 percent,
to account for the adapter
remaining with the launch
vehicle, and imposing no
requirement on spacecraft
propellant)
0. 0082 lb/lb
Solid Payload
(Increased weight
for the capsule,
spacecraft science
or spacecraft sub-
systems other than
structure or pro-
pulsion)
0. 0240 Ib/Ib
0. 0082 ib/ib
Total 0. 1133 lb/lb 0. 0322 lb/lb
A similar assessment of the design increases necessary to accommodate
incrementally higher solid payload is shown in the same table. Although
slight differences would exist, depending on the nature of the increased
solid payload and where it is carried, the principal effects are similar
enough that a single figure, generally suitable for any solid payload in-
crement, is given. This would apply for increases in the capsule weight,
the weight of spacecraft subsystems other than structural or propulsion,
or in spacecraft science. The categories of required increases in design
weight to accommodate such payload increases are:
• The spacecraft structural subsystem must be
increased, principally in the gages of longitudinal
members to carry the heavier loads. (It is a
coincidence that the increase in structural sub-
system per pound is the same for solid payload
as for liquid payload. )
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• Again, the adapter must be strengthened to
accommodate the heavier planetary vehicle.
The propulsion subsystem need not be increased to accommodate a
heavier solid payload, because loads are transmitted effectively from the
longitudinal elements of the equipment module directly into the adapter
structure, without passing through the structure of the propulsion module.
No penalty was considered to be incurred by weight increases in the
launch vehicle or in the shroud to accommodate the heavier planetary
vehicle weight. This is because the critical condition for the structural
design of the shroud and final stage structure arises from wind-loading
during firing of the first stage, rather than from the magnitude of the
payload carried. Therefore, as long as the changes in weight of the
planetary vehicles are not accompanied by changes in shroud length or
diameter, they will impose no penalty on the structural weight of the
launch vehicle and shroud.
The penalty on spacecraft performance arising from increases in
the adapter weight are not treated the same as increases in spacecraft
weight. This is because the adapter remains with the launch vehicle
and does not require the use of spacecraft propellant, as it is not carried
into orbit about Mars. Although the trade factor for the adapter varies
according to the mission, a reasonable average is that the planetary
vehicle has one pound of propellant for each pound of dry weight, and
therefore it is appropriate to penalize spacecraft performance by
accounting for additional adapter weight at 50 percent.
As the TRW recommended spacecraft design is employed as the
base point of the scaling model, the formulation of equations for the
model recognize the inherent capabilities which have been incorporated
into the recommended spacecraft. For example, the recommended
spacecraft has a 16,000-pound propellant capacity, and it is structurally
capable of carrying a capsule weighing up to 8000 pounds, and certain
increases in spacecraft subsystems and science payload (which are de-
tailed later in this volume as the "upgraded spacecraft system").
These considerations lead to the following equations which represent
the scaling model for variable spacecraft sizing employed in this section.
Z-5
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effective separated planetary vehicle gross weight = y + z
y = usable propellant weight (ib)
z = dry weight Clb)
= i0,370 + 0.0322 (x ° - I0,685) + 0. 113 (Yo - 16,000)
+ (x - 7073}
z is the dry weight (sometimes called "weight in orbit"
in this report}; it is the planetary vehicle weight less
all usable propellant, and thus includes inert propellant.
x is the weight of the entire separated planetary vehicle
except for the spacecraft structural and propulsion sub-
systems and propellant. The nominal allocation of x for
recommended spacecraft is shown in the table below.
x o is the value of x which the spacecraft structure is
designed to carry. For the recommended spacecraft,
the design is based onx o = 10,685, the allocation of
which is also given in the table.
x x
o
Case A Case B
Capsule 5000 6000 or 7000 8,000
Spacecraft capsule support 50 50 50
Spacecraft science payload 400 400 600
Spacecraft subsystems other
than structure and propulsion 1623 1623 2, 035
Total 7073 8073 or 9073 i0,685
y is the actual weight of usable propellant carried, and
= 16 000 pounds inYo is the usable propellant capacity. Yo
the recommended spacecraft design.
Thus z, the separated planetary vehicle dry weight is comprised
of these portions:
10,370
+ 0. 0322 (x°
+ 0. 1133 (Yo
the dry weight of the recommended
spacecraft (with 5000-pound capsule}
the additional weight which must be
devoted to the spacecraft structural
and propulsion (dry plus inert pro-
pellant) systems and effective
adapter weight if weight-carrying
capacity is to be changed from
solid payload = x o = i0,685 pounds or
liquid payload = Yo = 16,000
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+ (x - 7073) the additional weight carried as
other spacecraft subsystems,
spacecraft science payload, or
capsule
The above equation is represented graphically in Figure 2-I, with
Yo' propellant capacity, variable, and x and x assuming the six com-
o
binations indicated:
Z, DRY
WEIGHT, 10
103 LB
CAPSULE CAPABLE
OF BEING
CARRIED
DESIGN POINTS
Figure 2-1
SCALING MODEL OF THE SPACECRAFT based on the recommended
spacecraft design, the variation of dry weight of hypothetical designs
with variable spacecraft propellant capacity is shown by the slopes of
the lines. Different lines correspond to different capsule weights
the spacecraft structure is designed to carry, and different capsule
weights carried.
5 10 15
Yo ' SPACECRAFT PROPELLANT CAPACITY, t0 3 LB
Capsule Capable of
being Carried x
O
(lb) (lb)
Capsule Carried (ib) 7000 6000 5000
x (Ib) 9073 8073 7073
8000 i0,685 x x x
7000 9,685 x x
(minimum for Case ]B)
5000 7,685 x
(minimum for Case -AI
The values of x indicate that capacity is retained to carry 2685 pounds
o
of spacecraft capsule support, spacecraft science, and spacecraft sub-
systems (other than structure and propulsion). The values of x indicate
that, for the scaling model employed, only Z073 pounds of this capacity
is utilized, equivalent to the weight allocation of the recommended space-
craft. Thus, up to 618 pounds of whatever performance margin is indi-
cated for the spacecraft could be devoted to upgrading these functions.
Z-7
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The result is that the equivalent penalty on the spacecraft, com-
prised of increased spacecraft structural subsystem, increased propul-
sion subsystem, and an equivalent penalty for increased adapter, amounts
to 113 pounds for every 1000-pound increase in propellant capacity, plus
32 pounds for every 1000-pound increase in solid payload capacity. As
we may consider a range of propellant capacities from perhaps I0,000 to
18,000 pounds, the range of influence of this parameter amounts to some
900 pounds. In comparison, a variation, say, from 5000 to 8000 pounds
in the capsule and other equivalent solid payload, leads to design penalties
of less than 100 pounds. Thus the implications of propellant sizing are
an order of magnitude more important than the implications of the design
of the structure to accommodate greater payload. (This is apparent in
Figure 2-i.) Because of this comparative importance, we have pro-
ceeded in this section with the capacity to carry solid payload taken as
that of the recommended spacecraft system (the upper line of each pair
in Figure 2-I), and do not consider it a variable in this analysis. The
justification of this step may be seen in the light of the results of this
analysis, later in Section 2.
2.3 UTILIZATION OF PERFORMANCE MARGIN
Volume 2 indicates the achievement of a Voyager spacecraft design
which exhibits a margin in performance beyond that required by the
nominal mission definition (Volume 2, Section 3. I). The existence of
such a margin is not unique to the TRW design concept; other approaches,
embodying substantially different spacecraft capacities to carry payload
and/or propellant will also exhibit margins. The magnitude of the margin
will vary from one opportunity to another, particularly depending on the
use made of Type II trajectories.
What are felt to be significant in sizing the spacecraft are the
various ways in which the performance margin can be utilized and a
comparison of the values of these allocations of the margin. These
measures of spacecraft performance permit the sizing of the spacecraft
so as to maximize the available performance margin while retaining most
fully the option of flexibility to allocate it among the various purposes.
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Table Z-2 lists categories of uses to which performance margin
may be devoted (including weight capability), and gives examples in the
various categories. Because the purpose is to size the spacecraft for
optimum performance, the categories are formulated and evaluated
according to their effect on the propellant requirement. The indicated
changes in optimum propellant sizing which accompany the diversion of
performance margin from weight capability (solid payload) to other
usages are shown qualitatively in Figure 2-2.
Table 2- 2. Uses of Performance Margin and the Comparative Effect on
the Propellant Requirement to Maximize Each Usage
Uses of Performance
Margin
A. Increased weight capability
I) Increased capsule weight
2) Increased spacecraft
s cience payload
3) Additional spacecraft
subsystem redundancy
4) Upgraded spacecraft
subsystem performance
5) Reserve for contingency
or future use
B. Increased propulsive
maneuve ring capability
i) Greater rotation of orbital
apsidal line
2) Reduced orbit size
(apoapsis altitude)
3) Greater separation of
arrival dates
4) Greater reserve for
orbit trim
C. Extended launch period
duration
D. Restrict trajectories to
earlier arrival dates
I) Type I trajectories
2) Type II trajectories
Effect on propellant requirement to
maximize this use of performance
margin (compared with propellant
requirement to maximize weight
capability)
Increases propellant requirement
by about the same amount that
weight margin is reduced.
May increase or decrease
propellant requirement.
Increases propellant requirement
Decreases propellant requirement
Z-9
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DRY
WEIGHT
"PERFORMANCE
A INDICATING
WEIGHT MARGI N
(" PERFORMANCE
D! J MARGIN DEVOTED
I TOOTHERUSES
L(SEE TABLE)
NOMINAL SPACECRAFT
+ CAPSULE DRY WEIGHT
VERSUS PROPELLANT
CAPACITY
Figure2-2
EFFECTONPROPELLANTREQUIREMENTtooptimizevarioususesof
performancemargin. Arrowsshowhowoptimumpropellantre-
quirementchangesfrom itsvaluefor maximumweightmarginas
weightmarginis reducedin favorof otheruses.
PROPELLANT WEIGHT
The various uses of weight capability (A) are self-explanatory. The
uses of propulsive capacity (B) vary principally in the mission phase in
which the additional propellant is employed. To increase the separation
in arrival dates (B3), it would be used in the first planetary vehicle
maneuver. To reduce orbit size (B2) or increase apsidal line rotation,
_, (BI) it would be used in the orbit insertion maneuver, and additional
orbit trim capability (B4) would be employed when in orbit about Mars,
before or after the capsule has separated and landed.
If margin is devoted to extension of the launch period duration
(span of launch dates) (C), the maximum gross weight of the injected
planetary vehicle is reduced. Simultaneously the propellant fraction is
increased somewhat to accommodate greater arrival velocities at Mars.
While weight margin is reduced, the propellant requirement may increase
or decrease, depending on the relative rates of change of gross weight
and propellant fraction.
In considering a restriction of the interplanetary trajectories to
earlier arrival dates (D) - the benefits of which are primarily to keep
communications ranges lower at encounter and at comparable times
after encounter, and to reduce the duration of the transit phase of the
mission--the effects on propellant requirements are opposite for Type I
and II trajectories. As arrival date progresses, Type I trajectories first
have a minimum injection energy (C3), and later a minimum Mars arrival
velocity (Voo). Trajectories for maximum weight capability have arrival
Z-IO
dates between these two minima. If the arrival date is constrained to be
earlier, C 3 may decrease somewhat while Voo increases at a greater
rate. This leads to an increase in propellant requirement as weight
capacity is used up.
For Type II trajectories, as arrival date progresses a minimum
in Voo is reached first, and a minimum in C 3 later. Again, trajectories
for maximum weight capability have intermediate arrival dates. A
restriction to earlier arrival dates raises C 3 while Voo first decreases
to its minimum, and then rises more slowly. Thus, the propellant require-
ment decreases as weight capacity is diverted to earlier arrival dates.
2.4 METHOD OF ANALYSIS
This section illustrates the method of analyzing performance mar-
gin, when it is devoted to the various uses identified above, and expres-
sing this margin as a function of the propellant capacity of the spacecraft
design.
2.4. 1 Ground Rules
The ground rules of the spacecraft sizing analysis are the same as
those of the performance analyses of Volume 2. Two planetary vehicles
are injected by a single Saturn-V launch vehicle. Arriving at Mars on
different dates, each is inserted by its spacecraft propulsion system
into an orbit about Mars. Subsequently the capsule is separated from
the spacecraft, assumes an entering trajectory, and lands.
The launch vehicle performance is treated as indicated in Volume 2,
Section 3.2.1. This means planetary vehicle weights recognize a 5000
pound contingency retained as part of the overall Munch vehicle
performance.
Launch asymptote declinations (DLA) and the related launch aximuth
ranges for the different opportunities are:
Type I Trajectories (1973, 79)
(1975, 77)
Type II Trajectories (any year)
(DLA) Max Launch Azimuth
(Deg) Range (deg)
36 90 - 115
50 45 - 115
36 90 - 115
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The velocity increments to be supplied by the spacecraft propulsion
system are those given in Volume 2, Section 3.3, and summarized in
the following table:
Arrival date separation (days)
Arrival date separation -
Maneuver V (m/sec)
Other inte rplaneta ry maneuve r s I0
(m/sec)
Orbit insertion maneuver (m/sec) *;:"
Orbit trim maneuver (m/sec) 150
Oppo r tunitv
1973 1975 1977 1979
8 4 4 4
.,..,. ;,_ ;,,.- :,..
I0 I0 I0
.t..t. .i..t. J..i.
*i_ *i_ *a" ei_ *i- *l_
100 100 100
The spacecraft propulsion system performance was taken as
follows :
Maneuver
All except orbit insertion
Orbit insertion
Thrust Isp (sec)
Low 285
High 305
(The increase in I from 298 seconds which accompanies the increase
sp
in the low thrust level from 1050 to 1700 pounds was not incorporated
into this analysis. )
2.4.2 Mission Analysis for Dry Weight and Propellant
With the ground rules for performance analysis given above, let
a mission be defined by stating the year of the earth-Mars opportunity,
whether Type I or II trajectories are under consideration, and the size
and orientation of the desired orbit about Mars.
Now pick a single arrival date (actually a "mean arrival date"; one
planetary vehicle arrives before this date, the other an equal interval
after).
Actual quantity computed for each trajectory pair, by combining
l[2(AVooe) vectorially with injection bias and adding 3 cr injection
dispersion.
-'k -':¢
Actual quantity computed for optimum entry into specified orbit (size
and apsidal rotation) from approach Voo (the greater Vco of the two
planetary vehicles).
Z-I2
For any launch date a unique pair of interplanetary trajectories is
determined. The departure geometry at earth (including injection
energy, C3) is determined, as well as the arrival geometry at Mars
(including approach velocity, Voo). These permit all components of
spacecraft AV requirements to be evaluated and summed'i" and a compo-
site mass ratio determined. With C 3 and the total _V established, the
maximum gross weight and maximum ratio of dry weight to usable
propellant are determined, leading to the maximum value of dry weight
("weight in orbit, " which includes reserve propellant for orbit trim
maneuvers) which may be implemented. Figure Z-3 locates a point on
a grid of coordinates such that all of these properties of this trajectory
pair for this defined mission are displayed.
25
2O
_o t5
DRY WEIGHT
P-R'O'_LLAN T WEIGHT
'_'_-2o IAV(KIW'SEC)----I
<,j,.o
--_ -o_"--_ _2_7_ _.__" -
k_20 \ ,2"//X//_v'A2"4
\
_ ,..__4 \ X//Y-,'/xv'/\ -,.
5 I0 15 20
PROPELLANT WEIGHT, 103 LB
Figure2-3
PERFORMANCEASSOCIATEDWTHA SINGLETRAJECTORYPAIRis in-
dicatedbythepointshown.Thepointis locatedbytheC3andAV
valuesassociatedwithitstrajectoryanddefinedorbiL Performance
isgivenbydryweightandrequiredspacecraftpropellantweight.
When a continuous range of launch dates are considered, typical
variations of C 3 and AV occur as shown in Figure 2-4. These variations
ma F be shown as a trace on the grid of Figure 2-3, as in Figure 2-5.
It is apparent that the 20th launch date leads to the maximum (dry)
weight capability. However, we are interested not in the best capability
Actually, since Iso varies for different maneuvers, the mass ratios (not
the _V's) are combined by multiplication into an overall required mass
ratio. For illustration, however, it is convenient to talk as if Isp were
constant, and to sum _V's. The actual difference is minor.
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Figure 2-4
INJECTION ENERGY, C3, AND TOTAL VELOCITY INCREMENT, AV, vary
typically with launch date as shown. Arrival date is constant.
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Figure 2-5
VARIATIONS IN LAUNCH DATE expand the single point into a locus of
points. The 20th launch date provides the greatest weight capability.
on a single launch day, but over a continuous set of launch days. Be-
cause capability is based on an assumption of no spacecraft propellant
loading while on the launch pad, performance associated with any set of
launch days must be based on the maximum C 3 and the maximum AV
over the set. The construction to evaluate performance over 20-day
launch periods is given in Figure 2-6. In this instance it is evident that
the set of launch days leading to a maximum weight capability is that
from the 16th to the 36th launch day. (This set, in this instance, is the
one which has the same C 3 at the first and last launch days. However,
where the DLA constraint bars early launch days, frequently the optimum
set of launch days is the earliest set which does not exceed DLAma x.)
It is this set of launch dates -- optimized for maximum weight
capability -- and the associated performance (point P in Figure 2-6)
which has been solved for by automatic computer programs, which con-
stitutes the basis of trajectory performance results in Volume 2, and
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Figure 2-6
MAXIMUMWEIGHTCAPABILITYOVERA 20-DAYLAUNCHPERIODis
determinedby the construction shown. Eachcircle representsC3
maxand AVmaxfor a ?0-dayspanof launch dateswith a different
initialdate. PointP showsoptimizedlaunch period(16thto 36th
launch day).
which is the basis of the spacecraft sizing analysis. (Note that the
maximized dry weight and the associated propellant weight of P can be
read from the coordinate scales, as well as the limiting values of C 3
and _V. )
For each opportunity, for each defined orbit, and for each mean
arrival date analyzed, composite performance is based on such optimized
sets of launch dates and on the variations in the associated performance.
2.4.3 Relation to Spacecraft Propellant Capacity
Before proceeding with these variations, it is well to indicate the
relation between the required propellant (a result of the performance
analysis) associated with the maximized weight capability and the actual
spacecraft propellant capacity. If the spacecraft capacity exceeds the
indicated propellant requirement, the full dry weight can be achieved;
the.spacecraft tanks are only partially filled. However, if the spacecraft
capacity is less than the indicated propellant requirement, then the
entire performance (dry weight and propellant weight) must be scaled
down, maintaining the same ratio, until propellant requirement no
longer exceeds capacity.
The realization of performance (dry weight) as a function of space-
craft propellant capacity is indicated in Figure Z-7. On the left portion
2-t5
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SPACECRAFT SPACECRAFT
PROPELLANT PROPELLANT
TANKS FULL. TANKS PARTLY FULL.
SATURN V SATURN V
PARTIALLY UTILIZED. FULLY UTILIZED.
v
GIVEN ARRIVAL DATE
OPTIMUM INITIAL
LAUNCH DATE
SPACECRAFT PROPELLANT CAPACI]h /
Figure Z-7
REALIZATION OF PERFORMANCE VERSUS SPACECRAFT PROPELLANT
CAPACITY. When capacity is less than the indicated requirement of
point P, the entire planetary vehicle must be scaled down, reducing
the dry weight capability.
D
F B
G
A
PROPELLANT WEIGHT
Figu re 2-8
PERFORMANCE FOR A SERIES OF (MEAN)ARRIVAL DATES is shown
by the trace. The point for each arrival date is optimized similarly to
point P in the preceding figures.
of the figure, the scaling down means the launch vehicle is being used to
less than its full capability, and spacecraft propellant tanks are full.
On the right portion the launch vehicle is fully utilized, and spacecraft
propellant tanks are partially off-loaded.
2.4.4 Extension to Range of Arrival Dates
Again for a single opportunity and for a single defined orbit, we now
vary the (mean) arrival date, and observe the locus of points such as P
in Figure 2-5. Such a locus is given in Figure 2-8, each point corres-
ponding Lo a different arrival date, and each point representing the opti-
mized set of launch dates for its arrival date. (Figure 2-9)
Figure 2-10 shows the same locus of Figure 2-8, with these super-
imposed:
O
O
Light lines - weight capability versus spacecraft
propellant capacity for each arrival date, as
indicated in Figure 2-7.
Heavy line - an envelope of the above lines
Dashed line - a design curve showing spacecraft
plus capsule dry weight, such as is given in
Figure 2- i.
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2NDPLANETARYVEHICLE
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// _ IST PLANETARY VEHICLE
r--'--1
I'_'_20-DAY LAUNCH PERIOD
LAUNCH DATE
Figure 2-9
TRAJECTORY SETS FOR EACH (MEAN)ARRIVAL DATE. These sets,
corresponding to points A to G in the preceding figure, each have
an optimized initial launch date.
ARRIVAL ENVELOPE OF
DATE WEIGHT CAPABILITY
REQUIRED PROPELLANT OR PROPELLANT CAPACITY
Figure 2-10
ENVELOPE OF WEIGHT CAPABILITY VERSUS PROPELLANT CAPACITY.
The achievable weight margin is represented by the space between the
dashed and heavy curves.
The difference between the dashed line and the heavy line is the achievable
weight margin as a function of spacecraft propellant capacity. This weight
margin is zhown in Figure 2-II. Note that to achieve this full weight
margin, an arrival date must be selected which is appropriate to the space-
spacecraft propellant capacity. Any point on the straight-line segment
on the right side of the figure calls for the same arrival date (D). On the
last segment, arrival date F is called for. On the curved segment,
varying arrival dates are appropriate, as indicated.
J SPACECRAFT PROPELLANT
__ / CAPACITY
Figure 2-11
ACHIEVABLE WEIGHT MARGIN VERSUS SPACECRAFT PROPELLANT
CAPACITY. D,E, F represent arrival dates which must be selected
to realize these maximum weight margins.
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If other arrival dates are chosen, performance decreases in com-
parison. Examples are shown in Figure 2-12, corresponding to two
spacecraft design points indicated in Figure 2-10. In this example,
Design I, incorporating less propellant capacity than Design 2, achieves
a greater weight margin consonant with its reduced propulsion system
inert weight; yet it achieves positive weight margin over a smaller
range of arrival dates than Design 2.
z
i0
o
DESIGN DESIGN
POINT 2 POINT I
I I I I I I I
A B C D £ F G
ARRIVAL DATE
Figure 2-12
WEIGHT MARGIN VERSUS ARRIVAL DATE for two sample spacecraft
designs, indicated on the two preceding figures. Design ! has the
lesser propellant capacity; it achieves the greater weight margin, but
positive weight margin occurs later and for a shorter span of arrival
days than in Design 2.
2.5 WEIGHT CAPABILITY FOR VARIOUS MISSIONS
Figures Z-13 through 2-25 illustrate performance (dry weight
versus required propellant) for a number of combinations of launch
opportunity, trajectory type,
apsidal rotation, as follows:
orbit size, launch period, and orbit
Launch
Period
Figure Year Type Orbit Size (I) (days)
2-13 1973 I 1 x 20 20
2- 14 1973 I I. 1 x I0 20
2-15 1975 I 1 x ZO 20
2-16 1975 I I. 1 x I0 20
Z-17 1975 II I. 1 x I0 20
2- 18 1977 I 1 x 20 20
2- 19 1977 I I. 1 x I0 20
2-20 1977 II I. 1 x i0 20
Z-18
2-21 1979 I 1
2-22 1979 I i. 1
2-23 1973 I I. 1
2-24 1975 I i. i
2-25 1979 I i
x20
xlO
x I0
x i0
x ZO
20
20
30
30
30
Y.
"Altitudes at the apsides, in 10 3 km
20
15
_- lO
O
I
SPACECRAFT PLUS
CAPSULE WEIGHT , _'"---------..._._ WEIGHT IN ORBIT
-VERSUS DESIGN'-'_'----_ _ _VERSUS REQUIRED-
/   ZPROPELL NT
PRcOAPELLfT_T, ]
/ i; tif _1 /, .," / // I:
CAPSULE hM_X I,," _ " / ..'/ 4'
CARRIED CAPSULE 4" / / ,'" ."l
LB D I / __I ..-- ," I[ ) DESIGNE A._O_/,." /_,,, _ .'" lEOR,LB ';ZOoJ " i
+6oo-__ _ I
-120°_
2G-DAY LAUNCH PERIODI
lO00x 20,000 KM ORBIT J
I I
10 15 20 25
PROPELLANT (103 LB)
Figure 2-13
DRY WEIGHT CAPABILITY VERSUS PROPELLANT WEIGHT, 1973,
Type Itrajectories,20-day launch period,1000x 20,000 km orbit.
2O
15
1o
5
--6000
CAPSULE MAX
CARRIED CAPSULE
(LB) DESIGNED
FOR (LB)
Ae 0°_ .,_
+60° ,,dJ--
,
II
J p
#
#
so.
1973 TYPE I J
DAY LAUNCH PERIOD
Ox |0,000 KM ORIBT
I 1
10 15 20 25
PROPELLANT (103 LB)
Figure 2-14
DRY WEIGHT CAPABILITY VERSUS PROPELLANT WEIGHT, 1973,
Type I trajectories,20-day launch period,1100x 10,000 km orbit.
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Figure 2-15
DRY WEIGHT VERSUS PROPELIANT WEIGHT, 1975, Type I, 2g-day
launch period, 10O0x 20,000 km orbit.
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Figure 2-16
DRY WEIGHT CAPABILITY VERSUS PROPELLANT WEIGHT, 1975,
Type I trajectories, 20-clay launch period, 1100 x 10, 000 km orbit.
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Figure 2-17
DRY WEIGHT CAPABILITY VERSUS PROPELLANT WEIGHT, 1975,
Type II trajectories, 20-day launch period, 1100 x 10,000 km orbit.
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Figure 2-18
DRY WEIGHT CAPABILITY VERSUS PROPELLANT WEIGHT, 1977,
Type I trajectories, 20-day launch period, 1000 x 20, 000 km orbit.
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Figure 2-19
DRY WEIGHT CAPABILITY VERSUS PROPELLANT WEIGHT, 1977, Type I
trajectories, 20-day launch period, 1100 x 10, 000 Km orbit.
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Figure 2-20
DRY WEIGHT CAPABILITY VERSUS PROPELLANT WEIGHT, 1977,
Type II trajectories, 20-day launch period, 1100 x 10, 000 km orbit.
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DRY WEIGHT CAPABILITYVERSUS PROPELLANTWEIGHT,1979,
TypeItrajectories,20-daylaunchperiod,1000x20,000krnorbit.
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Figure 2-22
DRYWEIGHTCAPABILITY VERSUSPROPELLANTWEIGHT, 1979,
TypeI trajectories, 20-day launch period, 1100x 10,000km orbit.
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DRY WEIGHT CAPABILITYVERSUS PROPELLENTWEIGHT. 19/3.
TypeItrajectories,30-dayaunchperiod,1100X 10 000KNIorbit.
Figure 2-24
DRYWEIGHTCAPABILITY VERSUSPROPELLENTWEIGHT.1975
Type I,trajectories, 30-day launch period, 1100X 10.000 KM orb t.
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Figure 2-25
DRY WEIGHT CAPABILITY VERSUS PROPELLENT WEIGHT 1979,
Type Itrajectories,30-day launch period,I000 X 20,000 kM orbit.
In each figure curves are given for several values of A_, the rotation
of the apsidal line (in the plane of the orbit) away from the orientation
of minimum-impulse entry, _opt" _bis + or - as the apsidal line is
rotated in a posigrade or retrograde direction. For each value of _,
the performance is in the form of Figure 2-8, i.e., a trace of
achievable dry weight (spacecraft + capsule) in orbit versus required
propellant weight, each point on the trace corresponding to a different
(mean) arrival date. Arrows indicate the progression from early to
late arrival dates.
In each figure lines representing the scaling model of the space-
craft are indicated. These represent spacecraft plus a capsule dry
weight versus spacecraft propellant capacity, as shown in Figure 2-i.
They correspond to capsule weights of 5000 pounds (Case A) and 6000 or
7000 pounds (Case B). As the spacecraft design assumed for this
section has structural capability to carry a capsule of 8000 pounds, only
the upper line of any pair in Figure 2-1 is used.
To avoid complicating these performance figures, curves repre-
senting the envelope of weight capability versus propellant capacity
(as shown in Figure 2-I0) have been omitted; however, their existence
is implied.
Consistent with the performance results presented in Volume Z,
these figures indicate that 1973 and 1979 offer substantial margins with
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Type I trajectories, that this margin can be devoted to additional payload
weight, increased orbit rotation, or increased launch period, or some
combinations of these; that 1975 and 1977 (Type I) offer comfortable
margins for Case A capsules and small to vanishing margins for Case B
capsules, depending on the orbit size and rotation; and that 1975 and 1977
(Type II) offer a large potential margin in weight or orbit rotation.
Additional observations may be made:
For all Type I trajectories, propellant requirement
decreases as arrival date progresses; for Type II
trajectories, propellant requirement increases as
arrival date progresses.
In 1973 there is an achievable weight margin of about
7000 pounds over a Case A capsule, for an orbit of
1000 x 20,000 km with A_ = 0 degrees. Orbit rotation
A_ = +50 degrees or -60 degrees utilizes about 2000
pounds of this margin; reduction in orbit size to
1100 x 10,000 km uses about 1300 pounds; increasing
the launch period from 20 to 30 days reduces the weight
margin about 1100 pounds. Instituting all these changes
simultaneously uses about 4000 of the 7000-pound mar-
gin. It also raises the optimum propellant load for this
mission above from 1B, 000 to 15,000 pounds. (Compare
Figures Z-13 and Z-23 .)
In 1975 and 1977, use of the larger orbit (1000 x
20,000 km} with A_= 0 or 20 degrees provides a small
margin over a Case B capsule (7000 pounds}. For this
mission alone, optimum propellant capacity would be
very low--8000 to 10,000 pounds. If propulsive require-
ments are increased by reducing orbit size or increasing
apsidal rotation, the optimum propellant capacity
increases. For Case B, little margin is available for
such purposes, so the optimum is raised onlyto 9000
to 10,500pounds. For Case A, there is more margin,
and this use of it would warrant raising capacity to
10,500 to 12,000 pounds.
Using Type II trajectories in 1975 and 1977 provides a
greater weight margin. Full utilization of this weight
margin would call for propellant capacities of 13,000
pounds or more. It is more likely that only some of
this margin would be used to raise payloads to Case B
capsule weight or somewhat higher. Most of the mar-
gin would be devoted to greater orbit rotation (which
raises propellant requirements} and to restricting tra-
jectories to the earlier arrival dates (which reduces
2 -23
propellant requirements). Depending on the relative
extent to which these objectives are pursued, the net
effect on optimum spacecraft sizing for these missions
alone could be to raise or lower propellant capacity
from 13,000 pounds.
Type I trajectories in 1979 provide a substantial weight
margin, although not as great as in 1973. To achieve
the maximum margin--using a 1000 x 20,000 km orbit
with A_ = 0 degree mthe optimum propellant capacity
would be about 13,500 pounds. Converting some of this
margin into smaller orbits or substantial apsidal rota-
tion (A_up to +60 degrees} raises the optimum capacity
to as high as 16,500 pounds. Use of margin to restrict
trajectories to the earlier arrival dates has the same
effect. However, if margin is devoted to expanded
launch periods (compare Figures 2-21 and 2-25) the
optimum propellant capacity is reducedm 13,500 to
11,600 pounds for launch period increase from 20 to
30 days.
As indicated in Figure 2-2, increasing the duration
of the launch period can call for either increased or
decreased propellant. Comparison of Figures 2-14
and 2-23 shows an increase in optimum propellant
capacity when the launch period is raised from 20 to
30 days in 1973. Figures 2-16 and 2-24 show a
decrease in 1975 (Type I), and Figures 2-Z1 and
2-25 show a decrease in 1979, when launch period
is increased.
2.6 CANDIDATE MISSION PLANS AND PERFORMANCE RESULTS
2.6. 1 Basis for Mission Plans
The observations made with reference to the figures of the preced-
ing section lead to tentative conclusions as to optimum spacecraft pro-
pellant capacities. However, these capacities were determined
individually and separately for each launch opportunity, and although
trends were identified corresponding to different uses of the margin in
each launch opportunity, no attempt was made to base a spacecraft sizing
on the collective requirements of missions in all four opportunities.
Furthermore, since these optimum propellant capacities vary widely
from opportunity to opportunity, the tentative conclusions are not appli-
cable as they stand to the creation of a spacecraft design which, with
minimum hardware changes and no changes in propulsion system tanks,
is to perform the four Mars missions, 1973, 1975, 1977, and 1979.
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The purpose of this section is to examine spacecraft performance
parametrically, as a function of propellant capacity, simultaneously
for missions in all four opportunities. Furthermore, having noted in the
previous section that substantial performance margins above the JPL-
defined mission are attainable in all years (although for a 7000-pound cap-
sule in 1975 and 1977, this requires using Type LI trajectories), it is not
felt to be adequate to propose a spacecraft design which reflects satis-
faction of only these minimum mission requirements. Rather, the
optimum spacecraft design is conceived as that which not only satisfies
nominal mission requirements, but provides the greatest exploitation of
the Saturn-V launch vehicle for Voyager and also provides the greatest
flexibility and selectivity in the utilization of this excess performance
capability.
Thus, a number of candidate mission plans are conceived in this
section, and performance is expressed as a function of spacecraft pro-
pellant capacity for each plan. The plans differ in the use of Types I
and II trajectories in 1975 and 1977 (only Type I trajectories are used
in 1973 and 1979) and in orbit sizes and rotations. A%b ranges from
0 to Z0 degrees in the JPL 1973 Voyager mission specification; values
up to 120 degrees are considered in the mission plans.
These mission plans are not candidates in the sense of being up
for selection at this time. It is not intended to choose among them here.
They are presented as sample definitions of four-opportunity sequences
of missions, which utilize to a greater or lesser extent the performance
capability of the launch vehicle, and which are to be used as bases for
comparing performance of spacecraft with different propellant capacity.
2.6.2 Mission Plans and Results
Figures 2-26 to 2-28 define 11 candidate mission plans, and give
performance results (weight margin above the Case A or Case B capsule
weights) versus spacecraft propellant capacity. These performance
results are in the format of Figure 2-11, which is derived and discussed
in Section 2.4. All these mission plans are based on a 20-day launch
period. (Increases in the launch period are discussed in Section 2. 5.)
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Figure 2-26 shows a group of four mission plans and the corre-
sponding results. These plans employ Type I trajectories for all four
opportunities, and assume orbit sizes and apsidal rotations consistent
with the JPL 1973 Voyager mission specifications. While substantial
performance margins are shown for the 1973 and 1979 missions for both
Case A and Case B, 1975 and 1977 missions show a small to vanishing
margin for the Case B capsule weight, 7000 pounds. Several mission
plans are shown, to explore this sensitivity to precise mission clefinition.
Plans l and 3 have 0 degrees apsidal rotation (in this respect, requiring
less than the specified capability), and utilize orbits having the maximum
and minimum altitude of the specification at apoapsis. Plans 2 and 4
meet the apsidal rotation requirement of 2.0 degrees, and again conform
to the apoapsis altitude limits. In this sense, mission plan 2 is regarded
as the minimum capability required of the specification: entry into the
orbit with maximum apoapsis altitude, and apsidal rotatiofi of +20 degrees.
The results show that the recommended spacecraft design can meet this
mission requirement for the Case B capsule weight, using Type I tra-
jectories in 1975 and 1977. The margin would be greater in these years
if a lower spacecraft propellant capacity -- for example 12,000 pounds --
were incorporated into the design. The margin in these years decreases
as larger propellant capacity is employed, because of the increased
propulsion system dry weight, with 16,200 pounds being the largest
capacity which provides a positive margin for this case. Mission
plans 3 and 4, assuming entry into the 10,000 kilometer orbit show more
restricted capabilities in 1975 and 1977.
Figure 2-27 shows a group of three mission plans with their results.
These plans are also based on the use of Type I trajectories in all oppor-
tunities, but the performance, as indicated by the apsidal rotation,
increases progressively, with the greatest increase shown in those years
which have the greatest initial weight margin, 1973 and 1979. However,
mission plan 7 shows an apsidal rotation of -75/+60 degrees for 1975 and
1977. These rotations require too much orbit insertion velocity increment
to be attainable while carrying the 7000-pound capsule; however, with the
5000-pound Case A capsule, there is enough performance margin to per-
mit this great an apsidal rotation. Thus mission plans 5, 6, and 7 are
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fundamentally addressed to the 5000-pound Case A capsule. They illus-
trate the extent to which the additional weight margin associated with
this smaller capsule can be transformed into propulsive maneuver
requirements, as typified by apsidal rotation of the orbit.
Figure 2-28 shows four mission plans based on the use of Type I
trajectories in 1973 and 1979, and Type II trajectories in 1975 and 1977.
Having gone to Type II trajectories in 1975 and 1977, performance in
these years is no longer the limiting factor of the mission plans. Again,
a progression of increased apsidal rotation from one plan to the next
indicates to what extent the now increased weight margins can be devoted
to propulsive maneuvers. Because one of the principal disadvantages of
the Type II trajectories is the comparatively late arrival dates, which
degrade spacecraft-to-earth communications performance and increase
the duration of the transit phase of the mission, mission plan 11 has been
shown to indicate performance where the use of Type II trajectories has
been restricted to those with the earliest possible arrival dates. In a
sense, plan 11 permits the use of Type II trajectories, but restricting
the principal undesirable feature (arrival date) to only that which is
necessary to achieve the principal desirable feature (performance) to a
minimum required degree.
The use of increased apsidal rotation of the orbit as the principal
variable to which weight margin is transformed is not meant to imply that
it is the only alternate utilization of performance margin. As noted in
Section 2.3, it is one member of the category which manifests perform-
ance margin in an increased capability for propulsive maneuvers. Other
members of this category are reduction of orbit size (particularly apoapsis
altitude), greater separation of arrival dates of the two planetary vehicles
at Mars, and the establishment of a greater reserve capability for orbit
trim maneuvers. We have utilized apsidal rotation of the orbit as a
representative of this category, recognizing that the other objectives
could also be met by an equivalent reduction of weight margin with corre-
sponding increase in propellant to be carried.
The results indicated for these 11 candidate mission plans are sum-
marized in a composite performance margin chart (Figure 2-29). This
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Figure 2-29
COMPOSITE PERFORMANCEMARGIN CHARTfor the mission plans of
the preceding figures. For a single plan, propellant capacity must be
in the region where there is no bar, to insure positive weight margin
for the mission of eachopportunity, 1973to 1979
NO BAR INDICATES
POSITIVE MARGIN IN
ALL FOUR OPPORTUNITIES
chart emphasizes the existence of any positive margin in all four oppor-
tunities for each mission plan, but suppresses information as to the mag-
nitude of the margin in any opportunity. The presence of bars on the chart
show where at least one of the opportunities suffers a negative weight
margin, and therefore is incapable of being performed as defined. At
other values of the spacecraft propellant capacity, the bar may be absent,
indicating positive margin in all four opportunities, and therefore com-
pliance with the mission plan. Bars are shown separately for evaluation
assuming Case A and Case B capsule weights. Referring back to
Figure 2-27 to 2-29, it is seen that as spacecraft propellant capacity is
increased, at some point there is no benefit to performance of this mis-
sion plan to further increases in propellant capacity. This is because
optimum propellant loading has already been accommodated for all four
opportunities of the plan; additional capacity merely adds to propulsion
system inert weight and subtracts from useful payload weight. This point
corresponds to the highest optimum propellant capacity of all four oppor-
tunities, and is indicated by a vertical line in Figure 2-29. (It is possible
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that this point occurs at a propellant capacity which has negative margin
in some of the opportunities. Mission plan 7 is such an example. )
Figure 2-29 shows the selected propellant capacity for the
recommended spacecraft, 16, 000 pounds, and its relation to the barred
areas (negative margin in at least one opportunity) and to the vertical
line indicating the highest optimum propellant capacity. It is noted that
for the mission plans illustrated, the 16,000-pound propellant capacity
line produces positive margin in all four opportunities for the greatest
number of mission plans. It is also intermediate in the range of highest
optimum propellant capacities which are indicated from 13, 700 to
17, I00 pounds.
2.6.3 Interpretation of Results
As mentioned above, apsidal rotation of the orbit has been incor-
porated into the analysis as a representative of means by which increased
propellant capacity can enhance the mission. It is appropriate to indicate
qualitatively what the value of increased apsidal rotation is to the mission,
in particular to its value in achieving an orbit which caters to the descent
and landing of the capsule and which enhances the scientific investigation
of the orbital operations phase of the mission. For orbits of relatively
low inclination to the equatorial plane of Mars, the principal effect of
rotation of the line of apsides at the time of orbit insertion is to locate
periapsis at a different portion of the planet, measured with respect to
the Mars sun line. Actually, this effect is influenced by the arrival date,
because the direction of relative approach to Mars varies with respect to
the Mars sun line with arrival date. For example, the ZAP angle, the
angle between the relative approach direction and the Mars sun line, for
1973 Type I trajectories is about 150 degrees for an early arrival date
(January I0, 1974) and decreases to about 80 degrees for a late arrival
date (April 20, 1974). For apsidal rotation _@ = 0 degrees the location
of periapsis obtained by a minimum-impulse orbit insertion is close to
the evening terminator for early arrival dates, but as arrival date pro-
gresses, moves away from this terminator and closer to the subsolar
point. After the orbit has been established, periapsis generally proceeds
2-32
in the same direction (west) relative to the sun direction, due to the com-
bined effects of the annual motion of Mars about the sun and the nodal
regression and apsidal advance of the orbit due to perturbations arising
from the equatorial bulge of Mars.
To cater to the orbital photo-imaging experiments, it is desirable
to have periapsis occur on the sunlit side of Mars, but within some
I0 to 40 degrees of the terminator. (For color photography, a location
closer to the subsolar point is more desirable. ) If the initial orbit is
established to locate periapsis in proximity to the evening terminator,
minimum apsidal line rotations are necessary at the orbit insertion
maneuver. These would range from zero to slightly retrograde rotations
from _opt for early arrival dates to posigrade rotations of up to approxi-
mately 45 degrees for late arrival dates in the 1973 opportunity. This
would establish periapsis within i0 to 30 degrees of the evening termina-
tor for the initial orbit, and the effects mentioned above would gradually
bring periapsis closer to the subsolar point during subsequent months in
orbit.
To put periapsis near the morning terminator, substantial retro-
grade rotations of the apsidal line are necessary. For early arrival
dates, 120 degrees rotation would locate periapsis about 45 degrees from
the dawn terminator. For late arrival dates only 75 degrees rotation is
necessary. Placing periapsis about midway between the dawn terminator
and the subsolar point will first favor color photography, and as periapsis
gradually moves to the west, relative to the sun line, the progression
closer to the terminator would favor black and white photography in sub-
sequent months.
There is probably not a great deal to choose from between the even-
ing terminator and the morning terminator for the orbital photo-imaging
experiments. On the other hand, the influence on the descent trajectory
and landing site of the capsule is very great. For television experiments
to be conducted from the descending capsule and immediately after landing,
it is desirable for the landing site to be perhaps 15 to 35 degrees away
from the terminator. However, the morning terminator is preferable to
the evening terminator for this landing site location for several reasons:
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• Landing near the evening terminator will be near or
slightly after earthset, as seen by the landed capsule.
Thus direct communications between the landed cap-
sule and earth cannot be established for some 12 hours.
On the other hand, landing near the morning termina-
tor will provide a period of six to eight hours of opti-
mum capsule-to-earth communication link.
• Surface winds are likely to be at their minimum daily
magnitude for landings near the morning terminator.
• For a capsule which depends on solar energy for
power to charge batteries, landing near the morning
terminator would provide a full cycle of solar energy
for this purpose. In addition, the initial cycle is the
most favorable for thermal control purposes.
Therefore, it appears that the apsidal rotation which is most favorable to
support the capsule mission is that which permits landing sites near the
morning terminator. As it is costly in terms of the capsule de-orbit
propulsive maneuver to locate the capsule landing site far from the sub-
periapsis point of the orbit, this implies a desirability of choosing orbits
with periapsis located near the morning terminator as being best for the
capsule mission. (The orbits discussed with periapsis about 45 degrees
from the dawn terminator would be ideal, because the landing site will
normally be 10 to 30 degrees west of the subperiapsis point, thus placing
it 15 to 35 degrees from the dawn terminator.)
If, on the other hand, orbits are considered which are highly
inclined to the Martian equator, the apsidal rotation has less influence
on the longitude (relative to the sun line) of periapsis and more influence
on its latitude. Assuming no appreciable plane change for the orbit
insertion maneuver, the principal control over the longitude of periapsis
for near-p.olar orbits lies in the choice of arrival date as follows:
ZAP Angle
Arrival dates:
Type I trajectories
Type II trajectories
Periapsis over sunlet side near:
Required apsidal rotation, A_ :
<90 deg >90 deg
all but latest
earliest
morning
terminator
-40 to -120 deg
latest
all but earliest
evening
terminator
-40 to +60 deg
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The range of values of/x_ account for some variation with launch oppor-
tunity, and with choice of Type I or II trajectories, but, generally, the
greatest rotations go with locatingperiapsis near the equator, and the
small rotations lead to periapsis locations at moderately high latitudes.
Approach targeting is over high northerly or southerly latitudes, accord-
ing to whether periapsis is desired over the northern or southern
hemisphere. When ZAP angle is near 90 degrees, the orbit plane is
closest to the terminator plane. To move the periapsis location of near
polar orbits away from the (morning, evening) terminator, (early, late)
arrival dates should be selected from among the Type (I, II) trajectories
The JPL 1973 Voyager mission specification generally leads to orbits
of intermediate inclination (30 to 60 degrees). Orbits of low inclination
violate the constraint against early solar eclipses, and those of high
inclination lead to occultation of the Canopus sensor. (Orbits of only
moderately high inclination with periapsis over the northern hemisphere
lead to glare interference of the Canopus sensor.) For these orbits of
intermediate inclination, detailed characteristics for varying orbit size,
inclination, and apsidal rotation are presented in Volume 2, Appendix C.
For such orbits, the value and influence of apsidal rotation is intermediate
to the effects described above for orbits of low inclination and for orbits
of high inclination. Thus, apsidal rotation simultaneously affects the
longitude of periapsis (relative to the sun line) and the latitude.
To summarize the value of apsidal rotation capability at the orbit
insertion maneuver, small to moderate rotation capability (0 to ±40 degrees
is required to place periapsis over the sunlit side and near the evening
terminator (moderately low inclination orbits) or near the poles (moder-
ately high inclination). This seems adequate for orbital photoimaging
experiments. Substantial rotations (to +60 degrees or to -120 degrees)
are necessary to put periapsis over the sunlit side, near the morning
terminator, and at low to moderate latitudes. This caters principally to
the capsule, but also to the orbital photography, and can be accomplished
using orbits of low or high inclination. Thus it is seen that definite mis-
sion advantages are accrued by the achievement of orbits with apsidal
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lines which are substantially rotated from the orientation corresponding
to minimum-impulse orbit insertion.
It has been mentioned that mission plan l l was defined in order to
evaluate the extent to which the benefits of Type II trajectories in 1975
and 1977 would be obtained without delaying the arrival dates at Mars
excessively. In general, comparison of Types I and II trajectories
involves more factors than merely the performance and arrival date
comparisons, but these are perhaps the most significant differences.
The values accruing from early arrival dates at Mars are the following:
There may be a specific (seasonal scientific
interest associated with arrival at Mars before
some particular phenomenon has passed. For
example, arrival dates for Type I trajectories
in 1973 correspond to the time when the south-
ward progress of the annual wave of darkening
is expected in the northern hemisphere. How-
ever, since arrival dates in different opportuni-
ties are at a different time of the Martian year,
there is no general scientific value of early
arrival.
Early arrival dates generally imply a reduced
earth-Mars transit time, and therefore lead to
improved probability of success. This effect
is noticeable in a comparison between Types I
and II trajectories, as well as continuously
within Type I trajectories and within Type II
trajectories. This is because Type II trajectories
generally utilize earlier launch dates as well as
later arrival dates than the Type I trajectories.
Earlier arrival dates lead to an improvement of
overall communications performance. Because
arrival dates at Mars are always in the period
when the earth-Mars distance is increasing, and
continues to increase for a number of months,
the possible corr_unications data rate at the time
of encounter and at fixed intervals after encounter,
are greater for the early arrival dates. However,
in 1975 and 1977, the optimum arrival dates (for
maximum weight margin} of Type I trajectories
are relatively late, so that the communications
penalty for even later arrivals is relatively small.
While Type II trajectories in 1975 and 1977 have very substantial
performance margins in comparison with Type Itrajectories, these
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peak performances occur at relatively late arrival dates. However,
much of this margin can be devoted specifically to requiring early
arrival dates at Mars. Table 2-3 makes a comparison of Types I and II
trajectories for these two opportunities. In each case the Type I
trajectory set is chosen to maximuze the dry weight which can be placed
in a ll00 x 10,000 km orbit (AS = 0 degree). For Type IItrajectories
a weight margin of 2260 pounds above the 5000-pound Case A capsule is
selected to insure meeting Case B requirements, and arrival dates are
noted as a function of apsidal rotation. Twenty-day launch periods are
assumed in each case.
Table Z-3. Comparison of Arrival Dates, Types I and II,
1975 and 1977. Type II trajectories are selected
for earliest arrival dates for missions compa-
rable to best Type I performance. 20-day
launch periods and ll00 x 10,000 km orbits
are assumed.
Optimum Type I
Type II
Type II
Type II
Type II
Apsidal Weight. Delay in ._.
Rotation, Margin [1) Arrival Arrival Date _z_
A _b (deg) (lb) Date (days)
1975
0
-60
+60
-IZ0
0 +1534 5-I-76
+2260 6-14-76 44
+2260 6-30-76 60
+2260 7-6-76 66
+2260 8-9-76 100
1977
0 +1499 7-I0-78 -Optimum Type I
Type II 0 +2260 7-5-78 -5
Type II -60 +Z260 7-15-78 +5
Type II +60 +2260 7-18-78 +8
Type II -120 +2260 8-1-78 +22
(1) Above 5000-pound Case A capsule; spacecraft design assumes
16,000 pounds propellant capacity
(2) Compared with optimum Type I trajectory set
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A comparison of Type I and Type II data in Table 2-3 shows that in
1975, the same mission (AS = 0 degree) may be performed with an
additional margin of 726 pounds for Type II trajectories, to meet Case B
weights, with the arrival date 44 days later than the corresponding Type
I arrival date. An additional delay in arrival date of 16 or 22 days is
incurred for rotations A S = -60, +60 degrees, or 56 days for A S = 120
degrees. Similar comparison for the 1977 opportunity leads to different
results. Type II trajectories provide a performance margin increased
by 761 pounds, again assuring adequate performance for Case B, with an
arrival date actually five days earlier than the optimum Type I set of
trajectories. Apsidal rotations of -60, +60, -120 degrees lead to delays
in arrival date of 10, 13, and 27 days. Thus, it is possible to use Type
II trajectories in 1977 to obtain not only an adequate weight margin for
Case B but also the capability of substantial apsidal rotations of the
orbit, with no more than a 3-week penalty in arrival date, compared
with the optimum Type I set of trajectories.
Communications performance data given in Volume 2, Sections 3.7
and 4.8, and in this volume, Section 4.3.5, show the rate at which the
total quantity of transmitted bits drops off with arrival date, assuming
the binary steps in bit rate of the TRW recommended spacecraft design.
For a 180-day orbiting mission in 1975, total transmitted bits decreases
0.48 percent per day after May 1, 1976 (the optimum Type I arraval
date) for 29 days, then remains constant at 13.9 to below the May 1 value.
For a 360-day 1977 mission, total transmitted bits decreases 0.27 per-
cent per day after July 10, 1978 (the optimum Type I arrival date) for
four days, then remains constant at 1. 1 percent below the July 10 value
until September 1, 1978, after which it begins to rise again.
In both 1975 and 1977, the launch dates for early-arrival Type II
trajectories are about 45 days before the launch dates of optimum Type I
trajectories. Transit phase durations for Type II trajectories are
increased by this amount, in addition to any delay in arrival date. The
following summary compares arrival dates and transit times of Type I
and equivalent Type II trajectories (A _ = 0 degree) in 1975 and 1977
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Delay in arrival date
(days)
Relative total bits
transmitted
1975 1977
Type I Type II Type I Type II
- 44 - -5
i00% 86.1% 100% lO1.3%
Transit time, first Z26 315 Z56 296
launch day (days)
As noted before, with some additional penalty associated with late
arrivals and longer trip times, the Type II trajectories can provide
greatly increased performance margin, either in weight or in propulsive
capability, while the Type I trajectories can provide no more margin
than that indicated here and in Table Z-3.
Some additional aspects of the comparison between Type I and
Type II trajectories are discussed in Volume Z. An advantage of the
Type II trajectories is that they are not characterized by such extreme
values of the launch azimuth declination (DLA) which occur for some
opportunities for Type I trajectories. (It is also noted that those oppor-
tunities for which Type I trajectories have the most limited performances
are the ones in which the most extreme values of DLA occur.) Therefore,
when Type II trajectories are employed to avoid the performance
limitations of Type I, launch azimuths in the northeast sector (45 to 90
degrees) need not be utilized, and the attendant launch safety considera-
tions for these azimuths do not apply; all of the Type II trajectories pro-
posed can be conducted with the current launch azimuth range, 90 to ll5
degrees.
A disadvantage of Type II trajectories is the greater sensitivity of
the approach trajectory miss at Mars to small velocity dispersions near
near the earth. This disadvantage is discussed in Volume Z and has
been shown to have a minor effect on trajectory accuracy and targeting.
An advantage of Type II trajectories, not mentioned in Volume 2,
is that they normally employ earlier launch dates than Type I, and per-
mit the use of longer launch periods with a smaller performance penalty.
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In 1975 and 1977, launch dates occur in the autumn months, a time of the
year when the possibility of launch delays due to upper atmospheric wind
conditions is increasing. These two characteristics of Type IItrajec-
tories combine to offer a substantial advantage in attaining a satisfactory
probability of being able to launch the space vehicle.
Another characteristic of Type II trajectories which bears on
spacecraft design and performance is the high value of the angle ZAL
associated with the earlier launch dates. (ZAL is the angle between the
sun-earth vector and the geocentric departure asymptote.) For a period
of several weeks after launch, the earth, as seen from the spacecraft,
will be more than 90 degrees away from the sun, whereas for the remain-
der of the transit phase it will be closer to the sun, and during orbit
about Mars, the earth will never be more than 40 degrees away from the
sun. While the normal low-gain antenna installation can favor the forward
hemisphere of directions from the spacecraft, i.e., cone angle less than
90 degrees, the use of Type IItrajectories with ZAL angles up to perhaps
120 degrees means that low-gain antenna coverage must also apply to
portions of the rear hemisphere. Because the TRW recommended
spacecraft design employs two low-gain antennas the back hemisphere
coverage is assured, and this characteristic of Type IItrajectories is
not a disadvantage.
The study guidelines call for a total AV capability (encompassing
all spacecraft propulsive operations) of not less than 1.95 km/sec.
Nearly all the mission plans and potential weight allocations contemplated
conform to this requirement. Reduced to a simple weight statement,
this requirement may be stated as follows, for the scaling model of the
spacecraft employed in this section.
Utilized Weight Margin Above
5000-1b (Case A) Capsule
Minimum Weight of Usable
Propellant Carried
(ib) (ib)
0 8, 830
I,000 9, 860
2,000 i0,890
3, 000 ii,920
4,000 IZ, 950
5, 000 13,980
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The recommended propellant capacity of 16,000 pounds obviously
satisfies this requirement.
2.7 CONCLUSIONS
The TRW recommended spacecraft system design embodies a
usable propellant capacity of 16,000 pounds. The major conclusions
which are drawn from the above portions of Section Z which lead to this
selection are outlined below.
a) In comparison with the requirements outlined in the
work statement and guidelines of this study, poten-
tially high-performance margins exist in the four
earth-to-Mars opportunities considered for Voyager,
1973, 1975, 1977, and 1979. In 1973 and 1979, these
margins are adequately high using Type I trajectories
for either the 5000-pound capsule {Case A) or the
6000/7000-pound capsule {Case B). In 1975 and 1977,
Type I trajectories lead to moderate margins for the
Case A capsule and slim margins for the Case B
capsule. However, using Type II trajectories in
these two years leads to very high performance
margins for either case.
b) In comparing the use of Types I and II trajectories
in 1975 and 1977, there are advantages on both
sides. Basically, the use of Type IItrajectories
permits the achievement of significant performance
advantages, but recognizes the disadvantages of
generally later arrival dates and longer transit
phase durations. However, some of this perform-
ance advantage may be traded in order to retain
earliest possible arrival dates, in which case the
penalties of the Type II trajectories may be
minor compared with the performance advantages
achieved. Additionally, Type II trajectories do
not require the northeast quadrant launch
azimuths of Type I trajectories in these years.
c) The substantial performance margins which can
be achieved in each of the four opportunities have
the potential of being utilized in any of several
categories, or in several simultaneously. These
categories are
Weight, which can be devoted to an increased
capsule weight program, such as Case B
instead of Case A, an increase in spacecraft
science payload, or increases in spacecraft
subsystem weight to improve performance
or reliability.
2-41
T_$YSTIM$
d)
e)
f)
Propulsive capability which includes an
increased separation in the arrival dates of
the two planetary vehicles, entry into an
orbit of decreased size (particularly
apoapsis altitude), rotation of the line of
apsides of the orbit about Mars at the time
of orbit insertion, and increased reserve
propellant for orbit trim maneuvers,
before or after capsule separation.
Utilizing interplanetary trajectories with
earlier arrival dates.
• Increasing the duration of the launch period.
All of these means of utilizing performance margin
are shown to have a definite value for the mission.
These differing usages of the performance margin
have different influences on the optimum propellant
capacity for the spacecraft. (Figure Z-Z shows
this influence in general.) The greater the per-
formance margin, the greater the diversity in the
optimum propellant capacity, depending on which
use the margin is subjected. In addition, and
independent to the allocation of performance mar-
gin, the optim,lm propellant capacity also differs
from one opportunity to another, and between
Types I and II trajectories of the same period.
1975 and 1977 Type I trajectories lead to a
relatively low optimum propellant capacity.
1973 Type I trajectories lead to an intermediate
optimum propellant capacity. 1979 Type I
trajectories and 1975 and 1977 Type IItrajec-
tories generally lead to a comparatively high
value of optimum propellant capacity.
The NASA directives to date pertaining to Voyager
program and mission objectives, science payload
and experiment definition, orbit selection, and
.interplanetary trajectory selection have not been
well enough defined to point specifically toward
any one of the usages of performance margin
outlined in paragraph c) in preference to the
other usages.
It is appropriate to devise mission plans showing
alternate uses of the performance margin. Each
plan encompasses a sequence of mission and orbit
differences for the four opportunities, and each
plan caters to the potential uses of performance
margin in different proportions. Eleven such
mission plans are identified in Section Z. 6.
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g)
h)
i)
J)
k)
1)
m)
For a given definition of mission and orbit
requirements, the performance margin falls off
rapidly as spacecraft propellant capacity de-
creases below the optimum value. The per-
formance margin falls off very gradually as
spacecraft capacity increases above the optimum
value.
It is considered appropriate to select a usable
propellant capacity for the spacecraft which
covers a fair cross section of the range of
mission plans which have been identified. To
the extent that different plans leads to a diversity
of indicated optimum propellant capacities, it is
best to favor the higher values.
The above criteria lead to a selection of 16,000
pounds usable propellant capacity.
This recommendation applies for either program
of capsule weights, Case A or Case B, because
it is more a function of the inherent performance
potential of the Saturn V launch vehicle than it is
a function of specific payload requirements.
The 16,000 pounds propellant capacity appears
somewhat high when viewed only in the per-
spective of the specification mission require-
ments; however, it is appropriate when
considering the fullest and most flexible
utilization of performance margin which exists.
The 16,000 pounds propellant capacity appears high
when considered in relation to the small margins
in 1975 and 1977, using Type I trajectories and
Case B capsule weights; however, it is not small
if (1) it is considered that the use of Type II tra-
jectories in these years are appropriate candidate
means of attaining significantly increased perform-
ance margin, or (2) the propellant sizing is
recognized to create a balance between the limita-
tions in 1975 and 1977 and the greater performance
capability in 1973 and 1979.
The landed payload of the capsule can increase in
size as the gross weight of the capsule increases,
up to a point at about 8000 pounds, above which
landed weight levels off. Such an increase in
landed payload has the potential of being very
useful in surface scientific investigations, parti-
cularly if an evolutionary program of biological
investigations is scheduled over a span of several
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n)
o)
earth-Mars opportunities. (For backup informa-
tion supporting this conclusion, see TRW Voyager
Support Study Advanced Mission Definition, Final
Report, TRW Report 04480-6001-R000,
November 1966. )
Having selected a 16,000-pound propellant capacity
for the spacecraft, we have a potential weight mar-
gin. To be able to utilize this weight margin, the
structural subsystem of the spacecraft is appro-
priately designed to carry more than the minimum
weight. Specifically, the capability is to carry cap-
sules of up to 8000 pounds, and additional weight
(spacecraft subsystems and science) up to
approximately 600 pounds above the allocation to
these objectives in the recommended spacecraft
system. The establishment of this capability is
not expensive in weight. Compared to the mini-
mum weight spacecraft (Case A) it involves an
additional 115 pounds. Compared with Case B
the penalty is only 51 pounds. (This justifies the
assumption in Section 2. Z in selecting the space-
craft design with the greater structural capability
for the scaling model.)
The above conclusions constitute the reasoning
leading to the selection of a 16,000-pound
spacecraft propellant capacity and a capability of
carrying an 8000-pound capsule for the spacecraft
recommended by TRW for the Task D study. This
paragraph and the following one present two addi-
tional considerations which are outside the formal
scope of the study, but which are felt to be
appropriate in a decision for sizing the spacecraft
propellant capacity. This consideration pertains
to the application of Voyager to the 1981 and 1984
earth-Mars opportunities. Mission analyses for
these opportunities have been conducted and
reported (see TRW Voyager Support Study
Advanced Mission Definition, Final Report, TRW
Report 04480-6001-R000, November 1966). The
results of these analyses are that Type I trajectories
for 1981 and 1984 lirnit weight margins to about the
same values as in 1975 and 1977; however, the
indicated optimum propellant capacity to achieve
these margins is considerably greater, in the
range of 14,000 to 17,000 pounds, for orbit sizes
and apsidal rotations consistent with the specifi-
cation mission requirements. In the same years,
Type II trajectories again offer a substantial
performance margin above Type I trajectories;
they too call for propellant weights in the range
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15,000 to 17,000 pounds for maximum Utilization
of these opportunities. Therefore, any considera-
tion of applicability of Voyager to the Mars mission
after 1979 would tend to favor higher propellant
c apacitie s.
All of the considerations above have been based
on a launch vehicle performance curve in which
a 5000-pound contingency has been retained and
not allocated to the planetary vehicles. This is
in conformance with the study guidelines. How-
ever, it is appropriate to consider possible
ultimate dispositions of such a contingency.
Assuming that the launch vehicle performance
is indeed that which has been indicated for the
scuoy, z,o._.n, the only pOS -'L1- LL_ --^-- "----_uL_ uses of .t.'_ _.uAxt_L
gency are to devote it to longer launch periods or
to greater planetary vehicle payloads. The latter
use may be unintentional, due to the inability of
capsule and spacecraft developments to stay with-
in the initial weight allocations, or it may be in-
tentional, decided at a time when capsule and
spacecraft vehicle developments have indicated
with a high degree of certainty their ability to
conform to initial allocations. In either case,
the result is the same; the gross weight of the
planetary vehicles may be increased. Depending
on the use to which this weight is put, the
requirements for increased propellant can
vary between perhaps 1000 pounds and Z500
pounds in each of the two spacecraft. The
mere recognition of the existence of this
contingency in the launch vehicle perform-
ance weight allocation is also grounds for
providing a spacecraft propellant capacity
somewhat on the high side.
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3. DESIGN ALTERNATIVES
3.1 CRITERIA FOR SELECTION
The basic criteria for selection of the recommended configuration
were performance, cost, schedule risk, operational complexity, and
complexity of system interfaces. "Performance" implies those charac-
teristics that have been analyzed in Volume 2. It includes not only the
ability of the spacecraft to perform a nominal mission in the years 1973,
1975, 1977, and 1979, but also the accuracy with which this mission can
be carried out, the observance o[ " .... ' ........
the probability of successfully performing the mission, and the existence
of failure modes for partially successful performance. Reliability con-
siderations have had a greater impact on subsystem design than on the
overall system configuration.
The general approach has been to examine alternatives that appear
to offer advantages to the specified mission. Although very general
criteria, such as high reliability and a capability to perform all missions
with minimum modification are used from the start in selecting alterna-
tives for study, the specific criteria that lead to the rejection or selection
of a particular approach are generated in the course of the study. No
attempt has been made to develop a detailed list of criteria against which
the performance of any element of the Voyager spacecraft can be evaluated.
Such an approach tends to be misleading because it overlooks many inter-
acting criteria that only become apparent as the study proceeds. What
is required is exercise of a judicial approach, whereby a decision is made
between alternatives as they are posed.
3.2 ALTERNATE SPACECRAFT SYSTEM CONFIGURATIONS
Many configurations of Voyager spacecraft have been analyzed by
TRW during the series of Voyager study contracts. The derivation of the
present spacecraft is described here as it took place historically from
other configurations that have been examined. Use of the modified Lunar
Module Descent Engine (LMDE) has been the common theme in all designs,
with the four propellant tanks located close to the spacecraft centerline,
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to minimize spacecraft inertias. The moment arm between the engine
gimbal axis and the spacecraft center of gravity has been a critical
feature, as has been the requirement for stable slosh modes in the pro-
pellant tanks. Solar array diameter was held at 238 inches, except in one
configuration where an extra 2 inches were added.
Care was taken to provide stowage volume for deployable equipment
and to strive for good modularity. In particular, good access to the
engine and to electronic equipment was sought. This led to the concept
of a spacecraft that included a propulsion module and an equipment module,
which couldbe separately assembled and checked out.
The configurations analyzed were usually designed to meet specific
requirements posed by the Voyager study contracts. For example, one
corffiguration used the LMD stage with minimum modification. Another
was constrained to a severe weight limit. Investigation of extremes in the
design range in this way showed what could be gained by pushing a par-
ticular approach to its limit and also showed what penalties were incurred.
Development of the preferred configuration for the Task D study drew on
this experience to avoid the limitations of previous approaches while
retaining their specific advantages.
3.2. i LM Descent Stage
An early configuration to be examined was that specified in the
Task B Voyager studies (Figure 3-I). It was based on the use of the LMD
stage with no major changes in propellant tank size, mounting or basic
structure. The chief modifications were to lower the engine to provide
adequate thrust vector control, add some external micrometeorite
shielding, and to replace the landing gear structure with truss-type out-
riggers for attachment to the shroud adapter. The other main elements
added were a capsule interstage, insulation and louvers, antennas,
science appendages, and a fixed solar array.
The propulsion structure served as the unifying spacecraft element
in this configuration. The structure had the shape of an octagonal prism.
All planetary vehicle loads were transmitted through outriggers that
attached to the planetary vehicle adapter. The modified octagon of the
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LM was 162 inches wide across the flats and 65 inches high. Two pairs of
transverse beams arranged in a cruciform, together with the upper and
lower bulkhead closures, provided the main structural support. Four
tanks were located in the end areas of the cruciform structure. The
space between the intersections of the beams formed the center compart-
ment that incorporated mounting provisions for the engine support struc-
ture. The beams were of semi-monocoque construction and their large
depth provided a rigid structure, with minimum weight devoted to tank
support.
The four outriggers were retained in a similar arrange m_ent to the
LM outriggers and attached to the same points on the LM structure.
However, they extended further outboard and aft for the Voyager applica-
tion. An aft equipment module structure formed from a gridwork of
beams provided attachment points for the antennas, the planetary scan
platform (PSP) interplanetary science packages, and reaction control jets.
The capsule interstage structure providing attachment to the cap-
sule was a 10-foot diameter, 17 inch high semi-monocoque structure.
Capsule support was uniformly provided by eight points.
The complete equipment module of this configuration was made up
of the aft equipment module and two equipment mounting panels. The aft
equipment module provided area for mounting the cold-gas attitude con-
trol system, the antennas, the body-mounted science, and the planetary
scan platform, co-locating these units as part of a common module rather
than allowing them to be distributed about the spacecraft. The equipment
mounting panels, which supported the spacecraft's electronic equipment
both structurally and environmentally, were mounted on two of the octa-
gonal faces of the LM structure. They were separable elements with
integral harnesses that did not require routing through the LM structure
to attach to the aft equipment module. This module and the equipment
mounting panels could be co-located on a tooling fixture in the same
geometry that occurred on the spacecraft. After fabrication, assembly,
and test, the three-piece equipment module could be integrated with the
propulsion module.
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Such modularity could be only rated fair. Furthermore, the engine
was located high between the deep beams and hard to get at. The thermal
insulation of the spacecraft was made difficult because of the requirement
to insulate the area at the back of the solar array, which included the
attitude control gas tanks, and also the area in front of the array. This
led to a gap in the insulation that required special treatment. The con-
figuration also provided minimum height, because the equipment could be
located outboard of the propulsion system rather than being stacked verti-
cally. The lower height reduced the spacecraft surface area and the
lengths of the load paths, thus reducing spacecraft weight.
The engine gimbal arm was satisfactory in this configuration. How-
ever, slosh stability was only achieved with the capsule on the spacecraft.
This precluded orbit-trim maneuvers, or optional mission performance
without the capsule, unless a significant slosh baffling and testing pro-
gram gram were instituted. Also, the height, which was fixed by the
requirement to leave the LMDE in its original configuration, would have
been difficult to fit into the currently specified launch vehicle envelope.
An outrigger-type adapter is generally mounted toward the forward
end of the spacecraft. However, it was desirable to locate the solar
array aft to minimize shading. A forward mounting adapter would have
occupied volume required by the PSP, antennas, and other equipment
externally mounted on the spacecraft. This configuration was designed
for a clamshell shroud, so there was no flyout problem. The present
requirement for over-the-nose separation would require some recon-
sideration of this design.
The outriggers also represented a weight penalty. Although their
main function was to transmit loads during launch, they were permanently
attached, so their inert weight had to be propelled into orbit. It became
apparent, in fact, that the design was overweight and less efficient than
one specifically drawn up for the Voyager mission. The use of existing
hardware meant a loss in flexibility, particularly in later missions, and
this in turn negated the expected cost advantage of this approach. While it
did represent a low-cost implementation of the Voyager spacecraft, it
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was expensive in terms of access time to equipment and engine. And
appreciable modification costs would be incurred by later missions.
3.2.2 Modified Lunar Module with Adapter
As the disadvantages of using the unmodified LM for Voyager
became more apparent, we decided to look at a configuration more
tailored to the Voyager requirements. In particular, the weight penalty
incurred by retaining the LM outriggers seemed excessive and the alter-
native of using a separate adapter looked attractive.
The tradeoff between an adapter that is part of the spacecraft and
hence must be deboosted at Martian injection, versus an adapter that is
left behind with the launch vehicle shroud elements, depends on the
spacecraft/adapter exchange ratio, spacecraft geometry, and separation
considerations. Approximately 1.Z pounds of propellant are required for
each pound of inert spacecraft weight to meet mission velocity require-
ments. Therefore, every pound added to the spacecraft to achieve a
certain performance costs the planetary vehicle Z. 2 pounds. If the same
function can be achieved by adding less than Z.2 pounds to the plane-
tary vehicle adapter, which remains with the shroud, then a net weight
savings results. Thus, the spacecraft-adapter exchange ratio is the
ratio of adapter weight to spacecraft inert weight to achieve the same per-
formance capability. On a weight basis, then, the spacecraft and adapter
geometry should be designed to minimize the loads on the spacecraft and
therefore its weight, even at the expense of increased adapter weight.
Figure 3-2 illustrates the spacecraft configuration examined. In
this, the adapter took the form of four truss beams in a double cruciform
geometry. The basic spacecraft structure of this design was composed
of four shear resistant beams also arranged in a double cruciform. It
was essentially the same design concept as used in the LM descent mod-
ule of the Task B design, except that the beam height was reduced to
36 inches. This structure, together with the tankage and engine which it
supports, constituted the propulsion module. The shear panel stiffeners,
located at the eight beam extremities and at the four beam intersections,
provided lZ hard points, all of which were located directly forward of the
adapter beams. Column members, extending between the two structures
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and located at these 12 hard points, transferred the propulsion module
boost loads to the adapter. In this way the load paths within the propul-
sion module structure were minimized.
Modularity of this configuration is shown in Figure 3-3. The capsule
was supported by a sculptured interstage which conducted the capsule loads
directly to the eight propulsion module web stiffening members located at
the beam extremities. With this geometry the capsule loads were trans-
mitted directly without inducing bending moments on the propulsion module
structural members. In the Task B design all capsule, tankage, and
engine loads were carried in bending by the LM propulsion module beams
and through the outriggers before unloading at the shroud. An overall
weight saving compared to Task B resulted for this design because of the
significantly shorter load paths within the propulsion module structure.
h.r
irk.
SOLAR
EQUIPMENT
MODULE
t
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MODULE I LCAPSULE
CAPSULE
ADAPTER
Figure 3-3
MODULARITYOFTHEALTERNATELUNARMODULECONFIGURATION,with an adapter,wasgood,but separationfrom the
launch vehicle posedproblems.
In Task B, the high gain antenna was stowed forward of the aft
equipment module. To eliminate high gain antenna stowage problems and
to remove solar array shadowing in the modified design, the antenna was
stowed forward of the aft equipment module.
For over-the-nose shroud separation, it would have been necessary
to use guide rails, as in the recommended spacecraft. However, one of
the main problems with this configuration was that slosh stability was not
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achieved with the capsule off. If this had been overcome by mounting the
electronic equipment on the capsule adapter, to raise the center of gravity,
the modularity of the spacecraft would have been lost. Even in the con-
figuration that was achieved, the mating of the propulsion and equipment
modules was cumbersome and accessibility was poor. Also, the gimbal-
arm requirement was not met.
The propulsion module contained the complete propellant feed sys-
tem, engine, and the structural support required. The aft surface of the
module was the only shear panel for the module. Meteoroid protection
and thermal blankets were also provided on the aft surface.
The equipment module structure consisted of the equipment mount-
ing and thermal louvered side panels, which were stabilized by the upper
surface shear panel. The equipment module also supported the solar
array and all other nonpropulsive spacecraft subsystem equipments. The
upper and peripheral panels provided the entire assembled spacecraft
with meteoroid and thermal protection.
Integrating was achieved by the telescoping assembly of the two
modules and by mechanically fastening the propulsion module beam mem-
bers to the corner posts and upper panel of the equipment module. This
integration provided complete structural integrity and capability for the
entire spacecraft.
3.2.3 Efficient Adapterless Structure
The weight savings demonstrated by the previous configuration
were combined with a number of advantages and disadvantages. Thus, it
became important to check whether the weight saving achieved by the
separate adapter was not a false comparison that held only with the
original LM configuration. There was the possibility that a highly effi-
cient structure built with an integral adapter specifically for the Voyager
spacecraft might not incur a weight penalty and might provide good slosh
stability and adequate gimbal arm.
The configuration that was developed and analyzed is shown in Fig-
ure 3-4. It differed from the two previous concepts by using a space
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truss arrangement as the basic load carrying elements instead of a semi-
monocoque structure. No adapter was used; the truss had elements which
connected the planetary vehicle directly to the shroud.
One of the major problems with a truss configuration was the sup-
port of the propellant tanks. Conical tank skirts, shown in the drawing,
put the axial component of each tank load into the truss at one of its joints.
Additional support of the tanks is required to take out lateral components,
and this adds complexity to the design. Finally, the addition of non-
structural micrometeoroid panels is required to protect the spacecraft
equipment; this imposes a significant weight penalty. Eight equally spaced
hard points were provided for capsule support.
This configuration satisfied the slosh stahility criteria but not the
gimbal arm requirement.
It turned out that the disadvantages of the truss outweighed its
advantages. Its advantages were direct load paths, easy access to the
engine and good capsule support. It also had stable slosh characteristics.
However, the gimbal arm was poor; it took a weight penalty because of
the excessive area that needed meteoroid protection, the irregular surface
was more difficult to cover with thermal insulation, the joints of the
structural members were very complex, and the configuration was not
easy to modularize. It confirmed, in fact, that the separate adapter was
a very efficient approach and deserved further attention to overcome some
of its disadvantages.
3.2.4 Lightweight Spacecraft
At this point in the Voyager studies, the lightweight limits of the
Task C studies (VPE-14) were imposed on the planetary vehicle weight to
be injected on a Mars trajectory. As a result, a new approach to the
separate-adapter configuration was taken. The specified propellant load-
ing limits allowed a more compact tankage arrangement. This, with
newly proven solar cells that could withstand Mars orbit eclipse without
damage, allowed power requirements to be met with an annular array
around the spacecraft body. The cells could provide more power per unit
area because of their lower operating temperature.
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The adapter (Figure 3-5) was composed of a group of truss beams
arranged as a square, with attachment to the shroud occurring as diagonal
beam extensions at the corners of the square. Lateral stabilization was
provided by bracing each shroud attachment point to the midpoint of each
side of the square. The corners of the square and the midpoints of each
side were the eight hardpoints used for spacecraft attachment. Four
alternate points were tension joints; shear and compression were trans-
ferred at all eight points.
The propulsion module consisted of a semi-monocoque structure
whose geometry matched the square form of the adapter. The structure's
sandwich panels provided the micrometeoroid shielding required by the
tankage and other propulsion subsystem elements. Two shear resistant
beams were arranged in a cruciform that formed four identical compart-
ments within the module. A propellant tank was mounted within each
compartment using an installation scheme similar to the LM descent
stage. The engine was mounted below the propellant tankage array,
protected by micrometeoroid shielding. Two helium tanks were used to
keep the diameters of the spheres small enough to fit into available volumes.
They were mounted using a two-point suspension, one of which was fixed
in space while the other point had one-degree-of-freedom normal to the
tank to accommodate tank expansion.
The equipment module consisted of a matching square monocoque
structure, which accommodated equipment panels for most of the elec-
tronic equipment, and truss elements which supported the solar array,
the deployable antennas, and PSP, and provided additional hardpoints for
capsule support. Again, the external sandwich panels provided the
required micrometeroid shielding. The area aft of the capsule was
similarly protected for after capsule ejection.
The capsule was supported at eight equally-spaced hardpoints, and
its loads were transmitted through the equipment and propulsion modules
into the adapter. Outriggers were required for four of these eight points.
The deployable equipment was stowed aft of the solar array between
the mounting elements of the adapter.
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Although shroud separation requirements were not studied in detail,
an over-the-nose separation scheme would have required some guidance
for the planetary vehicle as it flew out of the shroud, since the axial
station of the maximum capsule diameter could have been as far as 90
inches from the station of the maximum spacecraft diameter, which was
at the solar array.
This configuration was very light, met the slosh stability require-
ments relative to the center of gravity location, and had a gimbal moment
arm significantly in excess of the minimum requirements. The semi-
monocoque configuration realized weight economies in the additional use
of structure for micrometeoroid protection.
The modularity of this arrangement (Figure 3-6) was good and the
exterior surface was minimized. However, there was limited access
to the propulsion system components due to the propulsion module side
panels and the depth and location of the tank support beams. The thermal
Blanket installation was good but not entirely satisfactory, as the separa-
tion joint between the equipment module and the propulsion module was
located under the blanket, which would have involved a thermal joint if
the two modules were to be taken apart. However, growth potential was
sacrificed because of the limit on the size of the propellant tankage and
the structural capabilities of the spacecraft. It could only carry a 5000-
pound capsule and this was unlikely to meet the requirements for scienti-
fic payloads for later missions. By direction of MSFC, this is the con-
figuration which was used as the basis for the resources plan for the
Voyager spacecraft, submitted August I, 1967.
3.2.5 Recommended Configuration
We then searched for a spacecraft design that would have the con-
figurational advantages of the lightweight design, such as good modularity,
but could contain larger tanks and be able to carry the structural loads of
a larger capsule. We were looking for a structure that could be designed
for possible growth in capsule weight, but could retain the virtues of
the design pushed towards minimum weight. This led us to the recom-
mended spacecraft (Figure 3-7), where increased tank size leads to an
octagon corresponding to the octagon of the earlier LM configuration.
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IEQUIPMENT MODULE
PROPULS ION MODULE
Figure 3-7
THE RECOMMENDED CONFIGURATION has better modularity than the alternatives that have been examined. Subsystems in the Equipment Module
are very accessible on the hinged panels. The Propulsion Module is equally accessible, with no interference from beams, as occurred in previous
configurations. Loads are transmitted efficiently during the launch phase, and although this requires a heavier adaptor this weight penalty is not
present at orbit injection of the planetary vehicle.
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The recommended design (described in detail in Volume 2), gives larger
tanks and better load paths. It also has very good modularity --better
than any previous configuration.
The propulsion module stays near the bottom of the spacecraft in
the recommended spacecraft. There is a continuous structure down the
side with no insulation breaks, providing even better modularity and freedom
to move the array and appendages when needed. A continuous thermal blanket
could be laid over the sides of the spacecraft and there would be no
requirement to break it apart as there would be in the lightweight design.
The disadvantages are that the exterior surface is larger than that
of the early LM configuration and a slightly heavier tank support structure
is required. Among the advantages are the fact that the adapter truss is
used to support the spacecraft center rather than the beam stiffness of the
spacecraft. Propellant tank removal is easy and engine access is very
good. The upgrading potential is good and the slosh stability and engine
gimbal arm are both good.
Once the structure had been selected, there were still options.
The solar array could be located high or low on the spacecraft. A low
mounting point was chosen for less obstructed antenna stowage and
greater flexibility for antenna upgrading. Also, this location for the solar
array was desirable to avoid the radiation of heat from the louvers onto
the array. Furthermore, if the capsule were to carry a radioisotope
thermal generator as a source of power, it would give problems if close
to the array-its heat effluxwould degrade the array performance. This
was another reason for the low array. It proved difficult to eliminate
stowage struts that would shadow some areas of the solar array if the
array was located high up.
3.3 BACKUP PROPULSION
The use of the single LMDE as the sole means of inserting the
planetary vehicle into Martian orbit raises the possibility of a single
failure mode causing loss of the mission. It is essential for the planetary
vehicle to go into a Martian orbit if the Voyager mission is to be success-
ful, and therefore, the possibility of providing a backup to the single
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engine was examined. Any backup engine would, of course, have to be
capable of all of the trajectory adjustments carried out by the LMDE.
However, the most demanding adjustment is insertion of the planetary
vehicle into Martian orbit, and the feasibility of a backup engine has to be
examined principally for this phase.
The size of the spacecraft makes installation of a second LMDE
impracticable. However, a number of small engines in the 100-pound
thrust category could be accommodated. Examination of candidate
engines in this class showed that a cluster of four C-i engines could fit
:-*_ *_ ....... 1_,_. m,_,_,11,_ _nrt co,11rt _l.qn put the nlanetarv vehicle into
- -- L •
Martian orbit.
The C-1 engine considered for this application consists of a quad-
redundant bipropellant valve assembly, a radiamic thrust chamber, and
a radiation-cooled nozzle extension. If these engines use the same pro-
pellant mixture ratio as the LMDE, they can deliver a total impulse that
will put the planetary vehicle into a highly elliptical Martian orbit with an
80,000 kilometer apoapsis. This performance is sufficient to warrant
serious consideration as a backup to protect against failure of the main
engine.
Examination of the subsystems implications of using the C-I
showed that gimballing the engines was less reliable than pulsing off for a
short period any of the engines that was tending to overturn the space-
craft. The present configuration makes it possible to mount the engines
in fixed positions with their thrust axes parallel to the vehicle axis. The
C-t engines are designed for pulsed operation, and the attitude control
system can make good use of this feature.
This is the mode of operation selected for the four engines. They
are regarded strictly as a backup system, which is kept as simple as
possible and used only in the event of main engine failure. They are not
exposed to propellant unless a failure occurs. The fixed mounting is in
keeping with the philosophy of maintaining the backup as simple as possible.
If the LM does fail to burn properly, the velocity meter in the com-
puter and sequencer will sense absence of velocity increment pulses and
immediately turn on the C- l engines, switching the guidance system to a
3-23
7"_$VSTtM$
programmed steering law (for orbit insertion), involving a pulsed C-1
mode of attitude control. The backup C- ! system is described in detail
in Volume 3.
3.4 ALTERNATE TANK PRESSURIZATION SCHEMES
In the recommended spacecraft, there is a small but finite probability
that impact of a meteorite will cause a propellant tank explosion that will
fragment the spacecraft and possibly cause contamination of Mars. We
have examined several alternative pressurization schemes for the tanks to
avoid this hazard, but none are satisfactory in the light of data currently
available. In the face of this very real dilemma, we have recommended
the simplest system, with the view that it can be modified as better data is
obtained.
There is some evidence that if tank pressure is low enough (about
60 lb/sq in. ), a meteorite puncture will not cause an explosion. Instead,
an expanding hole is produced through which the gas vents. However,
more data is required on tank behavior at moderate pressures before
design can be based on such information. If the present data were used,
a weight penalty of at least 300 pounds would be incurred in the propulsion
system and there would still be a finite probability of a tank explosion.
The candidate systems, which are described in detail in Volume 3,
can be summarized as follows.
A ullage blowdown system can be considered in which the first mid-
course/separation firing is conducted without activating any of the pres-
surization system components. Instead, the prepressurized ullage space
is expanded. This system has high weight, larger tankage requirements,
and high reliability. In fact, the tank size for 16,000 pounds of propellant
in this system would expand beyond the capsule attachment point and give
severe structural problems.
Other possible pressurizing systems are:
• A system in which, during the first midcourse firing,
unregulated helium is bled from the main storage bottles
through an orifice into the tank ullage
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• A conventional system utilizing a single pressure regulator
(or regulator package) to deliver constant pressure to the
propellant tanks for both the midcourse/separation and
orbit insertion firings
• A system utilizing two sets of pressure regulators; one
set to deliver relatively low pressure for the midcourse/
separation maneuver, and a main pressure regulator that
is used only for the orbit insertion expulsion.
These systems are all comparable in weight since they have th4 same gas
requirements and differ only in the number of control components. The
one-level regulated system would be the lightest and most reliable. The
low-pressure coast systems have some advantage from the tank rupture
standpoint, but not enough to comply with the contamination constraint
requirements as now established.
If a venting system maintains the tank pressure at 60 psia in all
coast periods, the resultant weight penalties are about 800 pounds for the
high pressure regulated system, and 300 pounds for the low pressure
regulated system. The weight penalty for the unregulated system would
also be about 300 pounds, since it operates at essentially the same pres-
sures as the low-pressure regulated system. Clearly, the low-pressure
systems have a distinct weight advantage where venting is employed,
since less pressurant is lost after each firing.
Similar weight penalties are involved if a low working stress is
used to minimize the probability of tank rupture through meteoroid impact.
Total basic propellant tank weights are comparable to that of the pressuri-
zation system, and the low pressure coast systems would incur a weight
penalty of about 75 percent of this weight based on use of a 1.5 safety
factor for the basic case. Since the tanks for the ullage blowdown system
are approximately 20 percent larger than the low-pressure systems, the
penalty would also be larger by this amount. For the high-pressure
regulated system, the weight penalty would be approximately twice (235/
125) that of the low-pressure systems.
The high-pressure regulated system in its basic form is the lightest,
simplest, and most reliable of the candidate systems. The main disad'
vantages of this system stem from the potential weight penalties associated
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with attempting to meet the Mars contamination constraint. Since each of
the systems considered may violate the current contamination allotment
when based on the present meteoroid collision estimates, there is cur-
rently no evident solution. Until further data is obtained, the simple high
pressure regulated system is selected for continued detailed preliminary
design.
3.5 ANTENNA AND SENSOR GIMBALLING
Basic choices in the antenna configuration for the recommended
spacecraft were made early in the light of requirements for conservative
implementation for the t973 mission. The 50-watt transmitter power and
the 9.5-foot high gain antenna size were selected as reasonable compro-
mises in relation to a conservative power budget with a fixed solar array
and the maximum size for a stowed antenna on an early mission. In a
companion study, discussed in Section 4 of this volume, higher power and
a larger antenna have been considered. Biorthogonal coding for the trans-
mitted data was selected for an increase of more than 3 db in trans-
mission gain margin that this technique provides. This technique is des-
cribed in Appendix A of ¥olume 4.
Within the framework of the selected high gain antenna and trans-
mitter power, the key alternatives were primarily related to the backup
that should be provided. The selected 50-watt transmitter has a redun-
dant backup unit. In the recommended spacecraft, the backup to the high
gain antenna is a single-gimbal rectangular paraboloid. The alternative
considered for this was a fixed paraboloid simiiar to that used in
Mariner 4.
The advantage of the fixed antenna when adjusted for maximum com-
munications at encounter is that it provides an ultra-reliable antenna.
However, the fixed antenna is unsatisfactory in providing backup com-
munications during the entire period when high data rates are desired in
Mars orbit, since it provides a high data rate only for a short time. In
contrast, the single-gimbal paraboloid gives good communications rates
over the whole mission. Because of the high confidence in the antenna
drives being developed for this application, it was felt that the single
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gimbal antenna was adequately reliable as a backup. A very significant
mission can be achieved with the medium gain antenna recommended.
The second consideration was the configuration of the low gain
antenna. In a previous Task B design, a hemispheric coverage antenna
was used. This has a null in its pattern over the nose of the spacecraft.
To remove this dead zone and enable communications with the spacecraft
at all times during attitude maneuvers, the single antenna was replaced
by two separate antennas that provide complete spherical coverage. This
incurred addition of one receiver and one circulator switch, plus addi-
tional receiver selector logic. The recommended configuration provides
omnidirectional uplink coverage throughout the life of the mission, and
downlink telemetry at 8 bits/sec through the latest Mars encounters, on
the assumption that all equipment tolerances are at their negative limits.
Some thought was given to the possibility of using a single-gimbal
high gain antenna and a double-gimbal medium gain antenna for attitude
verification. The idea was that the smaller double-gimbal of the medium
gain antenna would be more reliable than a double-gimbal of the large
high gain antenna. However, this approach requires a double-gimballed
Canopus sensor and a single-gimballed pitch fine sun sensor if continuous
communication through the high gain antenna is desired throughout the
mission. This configuration was rejected as inferior because the added
gimbal requirements imposed on the celestial sensors did not relieve the
double-gimbal antenna requirements to a significant degree. It is possible
to avoid adding gimballing to the fine pitch sun sensor if some interruption
to communications through the high gain antenna is acceptable later in the
mission, when the spacecraft is close to the earth-sun line. However,
this gimballing relief was not considered adequate to overturn the preceed-
ing argument.
3.6 PLANETARY SCAN PLATFORM AND CANOPUS SENSORS
The spacecraft configuration and orbital geometry are such that if
the direction towards Canopus is considered as "down 'f the PSP should be
on the lower side of the spacecraft for orbits passing close to the northern
hemisphere of Mars and on the upper side of the spacecraft for orbits
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passing close to the southern hemisphere. It is quite possible that differ-
ent missions will concentrate on mapping different hemispheres, with the
spacecraft rolled through 180 degrees to provide the alternative PSP
locations. However, this requires that the spacecraft should be able to
track Canopus at either of these two extreme positions in roll. For this
reason, two oppositely located Canopus sensors are installed on the re-
commended spacecraft. The secondary Canopus sensor is redundant to
the primary one, however, its sole use would entail some loss of coverage
of the dark side of Mars. This arrangement also allows a single location
of the capsule relay link antenna for either N or S orbits although, in this
case, failure of the primary Canopus sensor would demand that a gyro
stabilized mode would be required during capsule descent.
3.7 ALTERNATE REDUNDANCY CONFIGURATIONS
3. 7. I Summary
A tradeoff analysis was performed to determine the combination of
subsystem alternative configurations which yield a system design with
maximum reliability subject to constraints of system weight and cost.
The subsystem alternates considered in this analysis were generated by
eliminating and adding redundancy to each subsystem element. Emphasis
was placed upot_ those elements where failure was shown to have a signifi-
cant impact on completing mission objectives (Volume 2, Section 3. 8).
The primary purpose of this analysis is to serve as a guide to those
subsystem areas which should be investigated in greatest detail during
Voyager efforts subsequent to Task D, and the potential of redundancy
applications to attain desired design improvements.
The analysis indicated that the following areas and redundancy
implementations should be thoroughly investigated:
• Guidance and Control. Elimination of the redundant
leg of the attitude control system, and incorpora-
tion of modular redundancy within the control elec-
tronics. The reduction in guidance and control
reliability due to the change in the ACS is more than
compensated for on the system level by the
improvement in other subsystem areas made
possible by the reapportionment of the weight
saving.
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S-Band Radio. Addition of a third standby redun-
dant TWT and exciter leg and possible cross-
strapping between the exciters and TWT's,
incorporation of internal redundancy in the
transmitter and receiver selectors, and the
addition of modular redundancy in the high-gain
antenna drive electronics.
Telemetry and Data Storage. Addition of a fifth
television tape recorder, and use of a redundant
bit-rate generator and multiplexer.
Propulsion. Elimination of some of the quad-
redundancy in the valves.
Since these results represent an input to the system design cycle
during the conceptual design phase, they will be updated and refined in
succeeding phases. Other design improvement methods and system
constraints will be incorporated, and the analysis technique used to
generate answers to such questions as:
Are the system requirements compatible with
the constraints imposed on system weight and
cost?
What is the allocation of requirements to sub-
systems and equipments which maximizes
system reliability?
What are the functional relationships which
exist among critical system parameters such
as reliability, performance, and schedule?
What apportionment of system weight to space-
craft subsystems and science experiments
maximizes the probability of mission success?
A description of the analysis approach, computerized technique and
results and conclusions are presented in the following sections.
3.7.2 Analysis Approach
The objective of this analysis was to determine the combination
of subsystem alternatives which maximize system reliability subject to
specified system weight and cost constraints, and then define the changes
in the current configurations necessary to implement the selected
designs.
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b)
c)
d)
e)
Determine Subsystem Alternative Configurations
Structures. Reliability studies indicate that the primary
structural failure mode is due to meteoroid penetration.
Previous Voyager analyses and preliminary updatings
have resulted in the derivation of a relationship relating
the probability of mission failure due to meteoroid dam-
age to the weight of the structure added to afford
meteoroid protection. This curve is shown in Appen-
dix A to this volume and is used as the basis for the
reliability versus weight tradeoff for the structure.
Alternatives that were evaluated are also listed there.
Propulsion. The propulsion subsystem consists of the
basic LM descent engine configuration with C-I engine
backup. The primary failure modes of this subsystem
are valve failure. Quad-redundancy may be employed
in various areas of the system such as solenoid valves,
check valves, and pressure regulators. Depending upon
the degree and effect of the redundancy, three alternate
propulsion configurations result. Combining these with
the C-I engine option yields the six configurations which
have been considered in this analysis. Appendix A con-
tains subsystem functional diagrams of the three propul-
sion configurations and lists the configurations evaluated.
Electrical Power. The electrical power subsystem con-
sists of seven basic equipment categories, the solar
array, boost regulator, synchronizer, 400 Hz generator,
load control, Ni-Cd batteries, and telemetry. All but
the solar array and telemetry were considered as candi-
dates for redundancy. Appendix A lists the parameter
values of the configurations considered. Several con-
figurations were deleted immediately because they had
lower reliability and higher weight and costs than other
configurations. Appendix A shows reliability block
diagrams of those configurations which were not deleted.
Electrical Distribution. This subsystem contains the
heater controls, pyrotechnic control, and safe and arm
circuits. By providing redundant relay driver circuits
in various combinations, the nonredundant configuration
reliability may be raised, as shown in Appendix A, which
also lists the parameter input values used in the analysis.
Command and Sequencing. This subsystem consists of
detecting, decoding, timing, and sequencing equipment.
The equipment groups which were considered as redundancy
possibilities are:
Group I: Bit sync detector
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Group 2: Detector selector
Input decoder
Group 3: Output decoder
Output drivers
Group 4: Memory
Timers
Drivers
f)
Appendix A contains the alternatives considered and
the reliability block diagrams.
Telemetry and Data Storage. The subsystem consists of
the following major equipment groups: flexible-format
generator, bit-rate generator, multiplexer, science and
engineering data tape recorders, and TV tape recorders.
These items may be combined in the configurations shown
in Appendix A.
g) S-Band Radio. This subsystem includes complex backup
modes in the antenna-receiver section. These interac-
tions among equipments have been considered in each
configuration analysis. The subsystem consists of a
baseband assembly, exciter and TWT, and high, medium,
and low gain antennas and their respective drive mechan-
isms and receivers. The configurations considered are
listed in Appendix A. Eleven configurations have been
discarded as being inferior to others in all parameters.
The remaining twenty configurations are shown in Appen-
dixA. The relative transmission rates of the antennas
have been considered in each reliability evaluation.
h) Guidance and Control. Equipments in this subsystem
include celestial sensors (fine sun, coarse sun, and
Canopus), an inertial reference assembly, control
electronics, a gas stabilization system and thrust vector
control actuators. In addition, for pusposes of this
analysis, the Mars sensor has been included in the guidance
and control subsystem. Redundancy can be employed in all
of these areas to raise the subsystem reliability. Thirty-
two possible configurations are listed in Appendix A; 12
were discarded as inferior.
3.7. 2.2 Estimate Parameters of Subsystem Alternatives
For each subsystem alternative, estimates of reliability, weight,
and cost were derived. The reliability values were generated by a
computer program which utilized the same assumptions and success
criteria as in the calculation of the estimates for the current subsystem
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configurations (Volume 2, Section 3.8). Weights were determined from
the latest mass properties estimates and include a factor of 2.2 pounds
per pound of hardware to compensate for associated propellant weight
(e. g. , an increase of 10 pounds in configuration weight equals a net
change of +22 pounds}. Since the subsystem weights used in the analysis
reflect only hardware weight and the corresponding propellant impact as
measured from some nominal, it is necessary to calculate the weight
of other spacecraft equipment not considered in the tradeoff and of the
propellant weight under nominal configurations in order to determine the
equivalent spacecraft weight. The most current weight analyses indicate
15,640.3 pounds for the excluded areas (Table 3-1}. This value must
be added to the configuration weight values to derive the corresponding
values of spacecraft weight. Cost estimates were derived from best
available pricing information for each subsystem element. Costs do
not include factors considered invariant under design configuration
changes, e.g., program management. The costs necessary to
implement a configuration are specified relative to the costs required
to implementthe basic (i. e. , nonredundant} configuration.
Table 3-1. Weight of Equipment Excluded from
the Tradeoff Analysis
Weight
Item (lb}
Flight Capsule 5,000. 0
PSP-Mounted Instruments 250. 0
Capsule Radio Link 50. 0
Balance Weights 15. 0
Residuals 45 6. 8
Propellant 9,631.2
Contingency 237. 3
Total 15,640. 3
3.7.2.3 Establish Weight and Cost Constraints
Since no specified constraints exist, this analysis used the weight
and cost estimates computed for the current system configuration.
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3.7.2.4 Analyze Subsystem Alternates
Figures 3-8 and 3-9 show the increases in subsystem reliability
which can be realized within _arious subsystem weight and cost constraints.
This information represents the basic inputs to the computer. Prior to its
use, each subsystem is scanned for possible alternates having lower reli-
ability and higher weight and cost requirements than other alternates;
these were eliminated, and the parameter values of the remaining alter-
nates were submitted. AppendixA lists these subsystem alternates and
their respective parameter values.
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Figure 3-8
SUBSYSTEM RELIABILITY AND WEIGHTare traded off in these curves as basic inputs in a computer technique that combines subsystemalternates
into spacecraft system designs.
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SUBSYSTEMRELIABILITY AND COSTare likewisetraded-off and fed to the computer for analysis of subsystemalternates.
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In a recursive manner, the computer technique combines the
subsystem alternates into system designs which yield maximum system
reliability within specified weight and cost constraints. These designs
are placed in an array (i. e. , reliability payoff matrix} and generated as
computer output sheets such as Figure 3-10. The design with maxi-
mum reliability for any weight-cost combination can then be found in
the appropriate cell.
3.7.3 Analysis Results
The computer output sheets were used to generate Figures 3-il
through 3-13 which reflect the impact of one variable upon a second
while keeping the third parameter constant. These provide information
for system-level comparison. Specifically, Figure 3-11 plots the
maximum attainable system reliability as a function of system weight for
selected fixed values of relative cost; it can also be interpreted as
plotting the minimum attainable system weight as a function of system
reliability for fixed values of relative cost. Figure 3- 12 plots the maximum
attainable system reliability as a function of relative cost for selected fixed
values of system weight; it can also be interpreted as plotting the mini-
mum relative cost as a function of system reliability for fixed values
of system weight. Figure 3-13 plots the relative cost as a function of
system weight for selected fixed values of system reliability; it can also
be interpreted as plotting the minimum attainable system weight as a
function of relative cost for fixed values of system reliability. Areas above
the curve for a given reliability value, may be interpreted as a region
in which that reliability value may be attained.
Subsystem comparisons between the current configuration and the
designs selected by the analysis reflect the following approaches to
improving system reliability:
a) Guidance and Control (No. 14 instead of No. 12)
• Removal of the redundant attitude control gas
system with possible redundancy in the thruster
valves.
• Incorporation of internal redundancy in the control
electronic s.
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These changes result inareliability increase to 0. 9380,
a weight saving of 58. 3 pounds.
b) S-Band Radio (No. 17 instead of No. 1 4)
Addition of a third standby redundant TWT and
exciter combination and possible cross-strapping
between the TWT's and exciters. The reliability
estimates for this element was extremely con-
servative to reflect the lack of applications data
in the 50-watt range. This result is consistent .
with the idea of ensuring adequate investigation
of possibly marginal areas.
Incorporation of internal redundancy in the
transmitter and receiver selectors. _
Removal of one of the two redundant low gain
receivers.
Use of modular redundancy in the high gain
antenna drive electronics.
The net results of these changes are an increase in
reliability to 0. 9808 with an associated increase of
5 4. 6 pound s.
c) Telemetry and Data Storage (No. 17 instead of No. 9)
d)
e)
and
• Addition of a fifth television tape recorder with
only three of the five required to operate success-
fully for subsystem success.
• Elimination of the flexible format generator.
• Incorporation of a redundant bit-rate generator.
• Addition of the backup multiplexer.
These changes result in an increase of the subsystem
reliability estimate to 0. 9874 and a corresponding
increase of 41.8 pounds.
Electrical Distribution (No. 12)
No change from the current configuration was indicated.
Propulsion (No. 4 instead of No. 6)
• Incorporation of the C-I engines as a degraded backup
for the LM engine (same as current configuration).
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• Elimination of specified quad-redundant valves.
f) Command and Sequencing (No. 14)
No change from the current configuration.
g) Structures (No. 10 instead of No. 5)
Addition of 25 pounds of meteoroid shielding (i. e. ,
55 pounds including propellant) raises subsystem
reliability to 0. 9742.
h) Electrical Power (No. 18)
There is essentially no change from the current
configuration.
3.7.4 Conclusions
The subsystem redundancy configurations which were selected by
this analysis provide a basis for directing detailed investigations during
Voyager studies subsequent to Task D. The addition or deletion of
redundancy for each subsystem resulted in a definition of the areas in
which such approaches provided significant changes in the impact of sub-
system failures on completion of mission objectives. Although the
reliability estimates for specific elements may not be entirely accurate
due to the precision of the data or incomplete definition of ground com-
mand backups and degraded operating modes, there are several results
which would still require careful consideration in future design cycles.
Specifically, these changes were indicated for the guidance and control,
S-band radio, telemetry and data storage, and propulsion subsystems.
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4. UPGRADED SPACECRAFT SYSTEM
4.1 BASIS FOR AN UPGRADED VOYAGER MISSION
The Saturn-V launch vehicle is capable of launching heavier
spacecraft and capsules than those recommended for the specified 1973
mission. It is possible, therefore, to upgrade the capabilities of the
spacecraft and capsule for the 1973, 1975, 1977, and 1979 launch
opportunities. A TRW study to define advar_ced Voyager missions for
the later years (carried out for JPL as part of Voyager Task C Studies
under Contract Number 951ii3) showed that increased payloads in the
capsule and spacecraft were desirable from the scientific point of view
and that they could be accommodated by the same launch vehicle and
mission configuration. In particular, the cost-effective advantage of
using a single Saturn-V launch vehicle to inject two planetary vehicles
with upgraded capabilities is feasible for all missions.
This section describes an upgraded spacecraft configuration
(Figure 4-i) that meets the foreseeable scientific objectives beyond those
referenced in the statement of work. This upgraded spacecraft exploits
the growth potential in the major hardware items on the recommended
spacecraft with minimal changes in the basic configuration. It thus
demonstrates the adaptability of the recommended spacecraft for
upgraded missions, should these become desirable. Furthermore, the
upgraded spacecraft itself conforms to the requirements of the statement
of work and is capable of performing all of the Voyager missions, as is
the recommended spacecraft. A detailed analysis of the scientific
requirements and the resulting spacecraft design targets is contained in
the final report of the referenced contract. The requirements and design
targets are therefore presented in summary form here.
4. i. 1 Mission Objectives
For derivation of the Voyager mission objectives, the general
approach and recommendations of the space science board of the
National Academy of Science have been taken as a basis for the Mars
unmanned exploration program. The se recommendations
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Figure 4-1
THEUPGRADEDSPACECRAFTCONFIGURATIONis very similar to that of the RecommendedSpacecraft. Chiefdifference visibleon the Equipment
Module is the replacementof the 0.5 ft. high-gain antenna bya 20 ft. antenna, and the addition of two magnetometerbooms.
identify the overall goal of the Voyager missions to Mars as obtaining
information relative to the existence and nature of extraterrestrial life,
the atmospheric, surface, and body characteristics of the planet, and
the planetary environment. The biological exploration of Mars is to
receive the highest priority. However, specific biological questions
are to be considered as part of an ordered sequence of exploration whose
purpose is to understand the overall evolution of the planet's crust and
atmosphere. Thus, the exploration program is expected to lead to a
significant level of under standing regarding the planet; and will include
an evolving program of unmanned surveys and experiments on a wide
front of scientific inquiry, making use of both orbital and surface opera-
tions. Such a program will require large landed payloads on the Martian
surface having a substantial and sophisticated automated laboratory
capability. Evidence of life should be sought at all levels --from
macroscopic to molecular. This calls for a wide range of experimental
technique s.
Furthermore, although landing missions are essential, the orbiter
will also play an important role in exploring Mars. The predominant
orbital activity will be mapping and reconnaissance on a global basis and
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for particular areas of interest. Surveys in various colors, with polari-
zation, in the infrared and ultraviolet, are required at different seasons
and at varying resolutions.
The recommended spacecraft is designed to provide global mapping
to a resolution of i kilometer, together with imaging of the planets surface
with partial coverage at medium, and local coverage at high resolutions.
The total data returned is expected to be about 2.64x 10 li bits (or twice
this if both spacecraft perform nominally). This represents more than an
order of magnitude less than that gathered in mapping the moon prior to
the Apollo flights. Furthermore, the total amount of video information
required to understand Mars is probably very much higher than that
required for an understanding of the moon, because of size, seasonal and
color variations, atmospheric features, and the possible existence of
life. As color imaging requires three times as much data transmission
as monochrome imaging, a conservative estimate of the total video
data to be returned from Mars is 1013 bits.
Thus, while the recommended spacecraft will provide a very
significant addition to our knowledge of Mars, the total data collected
represents only a small contribution to that needed for a comprehensive
understanding of the Martian environment of the type envisaged by the
National Academy of Science. A substantial increase in orbiter data
gathering ability is required if an adequate understanding of Mars is
to be achieved with Voyager missions launched in the 1973-84 time
period.
These scientific objectives put two clear requirements on the
upgraded Voyager spacecraft. It must be able to carry a capsule with
a much heavier scientific payload than will be available for the 197 3
mission. And it must be able to return video mapping data at a much
higher rate than the recommended spacecraft.
4. 1.2 Target Capabilities for Upgraded Spacecraft System
4. 1. 2. 1 Capsule Definition
A soft-landing capsule is desirable for the upgraded Voyager
missions to accommodate a wide variety of surface instruments (which
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cannot all be packaged to withstand a hard landing} and to ensure
adequate data return. Once a soft landing capsule has been selected, it
becomes clear that a standard capsule {less landed payload} can be
designed for the entire Voyager program. That is, since the orbit-to-
soft landing delivery system is not involved in the subsequent surface
operations, it should be able to operate in the same manner for all
missions. There would undoubtedly be some minor changes to
accommodate a number of different landed payloads.
The use of standardized system elements offers many program
advantages. The total development effort is reduced in size with the
elimination of dead-end development, giving higher quality engineering
on the standard design, with reduced costs. These benefits are amplified
in manufacturing, testing, and operations, by allowing standardization
of facilities, equipment and procedures.
Therefore, a standard capsule canister and descent system is
taken as the preferred approach. Salient features typical of such an
approach are as follows:
• Aeroballistic descent with terminal retrothrust
• Elastomeric ablating heat shield (60-degree
half cone}
• Modified Lunar Module Descent Engine for
terminal propulsion
• Soft landing: 10-20 g's.
The capsule definition which follows is basically that generated in TRW's
Advanced Mission Definition Study to conform to the above precepts.
The standard capsule corresponds to that required for the most advanced
missions in the Voyager series. Terminal propellant can be off-loaded
for the intermediate and first generation missions in keeping with the
lander weight requirement. Similarly, the scientific payload can he
smaller, although the science support systems will be sized for the
most advanced missions.
The capsule for the last missions in the Voyager series has an
estimated in-orbit weight of 8000 pounds, made up of a canister of
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785 pounds and a lander of 7215 pounds that separates to deorbit and
descend to the Martian surface. The lander consists of descent
systems and a landed payload that carries those elements for post-
landing surface operations. The descent systems consist of a heat
shield for aerothermal protection during entry, an entry payload to
gather data during descent, and a lander bus. The lander bus consists
of guidance and control, reaction control, terminal propulsion, thermal
control, electrical, and structural and mechanical elements for imple-
menting the descent and landing. The advanced mission has an entry
weight of 6575 pounds, which corresponds to an M/CDA of 0. 42. This
entry weight results from expending 640 pounds for the deorbit maneuver,
using reaction control thrusters.
The soft lander sequence provides for canister lid jettison, lander
separation, deorbit thrusting, and entry into the Martian atmosphere.
During entry heating, the lander is protected by an elastomeric ablating
heat shield. Aerodynamic drag after peak heating decelerates the
vehicle sufficiently to commence terminal thrusting. Between 30,000 and
1 0,000 feet, the heat shield is released and the lander simultaneously
rolled to allow the landing radar (four-beam doppler) to acquire the
surface. Engine ignition is sequenced with heat shield nose-plug jettison
at an appropriate altitude. Subsequently, the landing gear is deployed and
the remainder of the heat shield is jettisoned. The landing radar provides
trajectory data, and guidance calculations in the data automation equip-
ment command a gravity turn to achieve a soft landing.
Weights have been estimated for the advanced, intermediate, and
the first generation standard flight capsules to serve as a basis for
defining the launch vehicle payload requirements and the corresponding
landed payload capability on the surface of Mars. Table 4-1 summarizes
the weight analyses of the three versions of the standard flight capsule.
The capsule weight for a given landed payload can be decreased
relative to the standard capsule if the structure is optimized for the
actual landed weight, as shown in Figure 4-2. For the optimized
configurations, the structure and landing gear weights have been scaled
with landed weight, and attitude control propellant has been scaled with
entry weight.
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Table 4-I. Standard Capsule: Weight Summary
Weight (lb) First
Advanced Intermediate Generation
Item Capsule Capsule Capsule
Landed Payload (21 40)
Landed Science Payload 107 0
Instruments 235
Sample acquisition and preparation 155
Processing and culturing 480
Data automation equipment 200
Landed Science Support 1070
Thermal control 185
Electrical 420
S-band radio 158
Relay link • 22
Data handling 55
Structure and mechanical 55
Miscellaneous and contingency (20%) 175
Entry Payload (45)
Lander Bus Inert Weight (2250)
Structure and mechanical 975
Guidance and control 60
Reaction control inert weight 390
Terminal propulsion inert weight 357
Inert fluid 48
Thermal control 20
Electrical 25
Miscellaneous and contingency (20%) 375
Heat Shield (105 0)
Lander Inert Weight 548 5
Terminal Propellant 1090
Deorhit Propellant 640
Lander Total Weight (7215)
Canister (785)
Capsule Adapter i 30
Canister Lid 260
Structure Z00
Insulation 6 0
Aft Canister 395
Structure 300
Pyro 5
Thermal control 90
Flight Capsule Total Weight 8000
(17 30) (l 470)
660 4OO
1 65 125
155 125
1 40 i 00
2OO 5O
1070 i070
185 185
420 420
158 158
22 22
55 55
55 55
175 175
(45) (45)
(2240) (2265)
975 975
60 9 O*
390 390
357 357
38 33
20 20
25 25
375 375
(lO5O) (lO5O)
5065 4830
900 820
580 550
(6545) (6200)
(785) (785)
1 30 1 30
260 260
200 200
60 60
395 395
300 300
5 5
90 9O
7330 6985
10-pound sequencer, 20-pound computer required because the advanced DAE is
not available.
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WEIGHTOPTIMIZATIONCURVEFORTHEUPGRADEDCAPSULEshows
thatlittleadvantageis gainedbyincreasingcapsuleweightbeyond
8000pounds.If thecapsuleweightis decreasedbelowthisfigure,
theamountofsciencepayloadthatcanbecarrieddecreasesata
faster rate.
If a first-generation mission makes use of a standard capsule weight
of about 7,000 pounds, the landed payload can be increased by 280 pounds
if the structure is optimized. Alternatively, for the same landed payload
of 1470 pounds, an optimized capsule would weigh 6325 pounds. The
payoff from optimization of the structure would of course be more
impressive if the payload were less. For example, while an optimized
5000-pound capsule can land a payload of 870 pounds, the off-loaded
standard capsule of 5,000 pounds has a landed payload of only about
100 pounds. However, a payload of 870 pounds is very small compared
with that desired for the expected science mission. As Table 4-i shows,
a landed payload of 1470 pounds is required for 125 pounds of instru-
ments, which is considered a first-generation payload.
The situation can be summarized as follows. The 8000 pound
capsule is capable of carrying an advanced payload to the surface of
Mars, but very little advantage is gained by going to heavier capsule
weights. Figure 4-2 shows that as capsule weight is increased beyond
8000 pounds, the growth in payload capacity begins to drop off sharply.
This is because the area of the capsule at entry is fixed and therefore
the mass-area ratio is increasing, calling for more propellant for a
soft landing. On the other hand, if the capsule is made lighter than
8000 pounds, the payload shrinks faster than the capsule weight. Very
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quickly the ability of the capsule to carry the most advanced payloads
is compromised, if a common bus and capsule support is required for
all missions.
When these considerations are coupled with the fact that the type
of data that will be found on Mars is not known and the instruments that
will be used are in many cases not yet developed, the margin and flexi-
bility offered by the 8000 pound capsule make it the logical choice for all
upgraded Voyager missions. Because the first missions in the series
will carry fewer instruments and less propellant, the capsule weight will
initially be about 7000 pounds.
4. 1. 2. 2 Spacecraft Performance Requirements
The spacecraft will collect scientific data to improve our under-
standing of that planet, as well as transporting and launching the capsule
for Martian surface investigations. Any upgrading in its data acquisition
and transmission capability will add to this level of understanding.
Furthermore, since the spacecraft is comparatively well understood, it
should be able to reach its full capability early in the Voyager program.
The low resolution mapping coverage and high resolution pictures
obtained by the Lunar Photographic Orbiter have already provided
substantial insight into the detailed structure of the moon and the fre-
quency and location of suitable landing sites. They have proved to be
an essential contribution to our understanding of the moon. Clearly,
obtaining similar pictures of Mars is a high priority objective. Thus,
the most significant improvement in spacecraft performance in later
missions would be to achieve comparable picture taking and data trans-
mi s sion capabilitie s.
The aim is to configure a spacecraft system with a higher
communications data rate and an improved capability for mapping and
pictorial information acquisition, with minimum changes from the
recommended spacecraft. It should retain the simplicity of mechanical
design required for high reliability.
Imaging equipment alternatives to improve high resolution
photography, topographic mapping, and color capabilities all require an
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increased data rate from the upgraded spacecraft. The choice of the
particular imaging subsystem is independent of the means of achieving
the high data rate and substantially independent of other spacecraft
configuration variable s.
Hence, a derivation of the spacecraft performance target is
largely independent of imaging equipment alternatives. The main
concern is with maximizing data transmission capabilities _nd the
impact this has on the configuration. There is little possibility that
the data rate may be too high to be fully used by the imaging system.
The imaging systems available all have the capability of saturating all
currently feasible data links.
The data rate can be increased by increasing the size of the high
gain antenna, increasing the transmitted power, or both. To conform
to the Voyager ground rules, the high gain antenna can be increased from
the 9.5-foot parabolic reflector of the recommended spacecraft to a
20-foot diameter reflector. This is the largest rigid nonfurlable
reflector that can be accommodated within the available spacecraft
dynamic envelope. A further increase is available by replacing the
50-watt traveling wave tubes in the spacecraft with 100-watt versions,
which are currently under development.
These changes provide a target increase of about six times in
the data rate of the upgraded spacecraft, when compared with the
recommended version. The cumulative data volumes that the upgraded
configuration should yield for later missions are i. 6 to 2.0 x 1012 bits
for 6 months in orbit in the 1973 and 1977 opportunities and 3. 0 x
I 012 bits for 6 months in orbit in the 1979 and 1982 opportunities. This
would provide just over i013 bits of Martian video data by the early
1980's if the upgraded spacecraft was used from 1975 onwards.
The increased power requirements for the traveling wave tube
amplifiers should preferably be met while still retaining the advantageous
fixed solar array with no deployed or moving panels. The tighter point-
ing tolerances imposed on the spacecraft by the reduced beamwidth of
the high gain antenna should not demand significant modification of the
guidance and control system.
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The targets for the propulsion subsystem sizing come fromthe
midcourse maneuver and orbital requirements, which in turn depend on
the mission science requirements and the engineering requirements of
the spacecraft.
Typical orbit sizes considered are ii00 x I0,000 kilometers and
i000 x 20,000 kilometers altitude at the upsides. These orbit sizes are
representative of those that can be programmed allowing for a planetary
quarantine constraint on minimum orbit size and a 500 kilometer pad
for approach trajectory dispersions. The associated orbital periods are
7. 2 and 14. 0 hours. The velocity increment necessary to achieve this
orbit entry is shown in Figure 4-3 as a function of Vc0, the incoming
asymptotic approach speed relative to Mars.
4.0
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z_ 3.0
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zo 2.0
AT APSI DES
1100x 10,000 ,,_
1.0
2.5 3.0 3.5 4.0 4.5 5.0 5.5
Vco, ASYMPTOTIC APPROACH VELOCITY AT MARS, KM/SEC
The principal criteria which govern the selection of orbital
Figure 4-3
MINIMUM VELOCITY INCREMENTS FOR ORBIT INSERTION provide
a basis for analysis of spacecraft propellant requirements.
characteristics are presented in detail in the Final Report of the Task C
Study. The criteria are dictated by system requirements which are
either science-oriented, engineering-oriented, or generally mission-
oriented. Individual orbit selection criteria do not necessarily reflect
single requirement categories but encompass combinations of
categories. Also, science and engineering criteria for selection Of the
landing site and the descent orbit influence the choice of the deorbit
point. In turn, this puts constraints on the descent orbit and has
design implications and operational requirements affecting the orbiter
and the capsule.
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A detailed analysis of the propulsion requirements for achieving
these orbital objectives at the various launch opportunities is given in
Section 2 of this volume. It shows that a spacecraft capable of carrying
a maximum of 16, 000 pounds of propellant can perform all of the
upgraded missions if propellant is off-loaded in certain years. Further-
more, the 16, 000 pound capacity provides close to the optimum overall
mission performance capability and flexibility, compared with other
propellant capacities. This capability is therefore taken as the target
for the propellant system of the upgraded spacecraft. In addition, an
upgraded capsule weight of 8000 pounds should be accommodated by the
-J- .... 4-°q_
_l.J.U..L,t,U.J. qc a_"_d ...... 1 " ...+,_
_.,_-uF_,slon of +_ ...... _,_==A spacecraft.
In summary, the design target for an upgraded spacecraft is that
it should perform a more meaningful mission than has been specified
by JPL during the Task C studies. The enhancement required stems
from a need for increased capsule weight --to permit a standardized
capsule bus for landed payloads that evolve to an increased ultimate
weight --and from a need for increased spacecraft science payload,
with increased photo-imaging capability and enhanced spacecraft-to-
earth communications. To achieve this calls for increased spacecraft
and capsule weights in orbit, which means increased propellant capacity,
off-loading of propellant in certain years, and the use of Type II
trajectories where appropriate.
The guidelines to this Task D work statement, by calling out a
Case Eprogram of capsule weights (6000 pounds in 1973 and 7000 pounds
in later years) has recognized the validity of the argument for the
increased capsule size. The TKW recommended spacecraft design,
defined and described in the preceding volumes of this report, has been
sized to 16, 000 pounds propellant capacity as appropriate not only to
carry increased capsules, but to provide near-optimum excess mission
performance capability and flexibility even if lighter capsules are to be
carried. For the same reason, its structure has been designed to
accommodate capsules weighing up to 8000 pounds. The rationale is
given in Section Z of this volume. Thus, target for upgraded spacecraft
does not include further enhancement of the propellant capacity and
structural capability in the recommended spacecraft design.
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On the other hand, the recommended design, while providing a
communications data rate capability some five times greater than the
minimum requirement of the JPL 1973 mission specifications, has not
exhausted the potential for further increases in this area. In the
upgraded design, a target for a further factor of six improvement
in downlink data rate can be set by approaching these limits:
• A maximum diameter (Z0 feet) rigid dish stowed
vcithin the Saturn-V shroud
• A maximum power (100 watts) of transmitter
tubes under development
• Maximum utilization (by two spacecraft and
two capsules)of the S-band channels available.
This improvement supports a mapping of the surface of Mars which
embodies a combination of resolution and comprehensive coverage
significantly superior to that contemplated by the more modest minimum
mission requirements.
4.2 UPGRADED SPACECRAFT SYSTEM DESIGN
4. 2. 1 General Description
The upgraded spacecraft meets the design targets derived in the
previous section by carrying the largest rigid antenna (a 20-foot
paraboloid) that can fit in the launch vehicle shroud, and by use of
100-watt traveling wave tubes in the final amplifiers of the S-band
transmitters. The main structure, engine and propellant tanks remain
the same as in the recommended spacecraft, as this already has the
capability of carrying an 8000-pound capsule at all launch opportunities.
The amount of photo-imaging data that the upgraded spacecraft can
gather is increased over that of the recommended spacecraft by putting
more film in the medium and high resolution camera. Higher resolutions
could be achieved either by using larger optics or improving image
motion compensation.
The increased effective radiated power of the upgraded spacecraft
enables it to return data at six times the rate of the recommended space-
craft. This, together with the increased film length in the film camera,
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enables it to gather and transmit 1.6 to 2. 0 x 1012 bits during 6 months
in orbit for the 1973 and 1975 opportunities, and 3. 0 x 10 lz bits for
12 months in orbit for the 1977 and 1979 opportunities. If the upgraded
spacecraft is used from 1973 onwards, with two spacecraft returning
data at each opportunity, atotalof 2. 16 x 1013 bits of video data wil]
be returned by the end of the 1979 mission. This is approximate to
the target amount of data required for an understanding of Mars, leaving
some margin for spacecraft failure and for the duplication of data that
can be expected in attempts to map short- and long-term temporal
variations on the Martian surface.
The narrow beam of the high gain antenna on the upgraded spacecraft
calls for a tighter limit cycle during orbital attitude control. This
requires increased gas reserves over those of the recommended space-
craft. The greater heat dissipation of the 100-watt traveling wave tubes
calls for an increase in the louver area on their equipment panel, to
radiate more heat to space. Increased power demands set by these
tubes are met by the addition of further solar cells to the fixed array.
No deployable or moving panels are required.
Provision is also made for further boom-mounted and body-mounted
science instrumentation packages. The preliminary specifications of
the upgraded spacecraft appear in Figure 4-4.
4. 2. 2 Configuration
The configuration of the upgraded spacecraft (Figure 4-5} is essen-
tially the same as that of the recommended spacecraft, which has been
structurally designed to carry 16,000 pounds of propellant and 600 pounds
of science instruments, as well as an 8000-pound capsule. The most
noticeable difference is the replacement of the 9.5-foot high gain antenna
by a ?0-foot high gain antenna. This antenna stows over the aft end of the
spacecraft and contains a hole that clears the engine nozzle. In addition,
two science instrument booms (magnetometer and neutron albedo sensor}
have been attached to the upper part of the equipment module.
The modularity of the recommended spacecraft has been retained;
the upgraded equipment module (Figure 4-6} is readily separated from
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the propulsion module, which is identical with the propulsion module on
the recommended spacecraft. An equipment panel held in reserve on the
recommended spacecraft is used on the upgraded spacecraft to carry
most of the additional equipment.
The recommended planetary scan platform is used on the upgraded
spacecraft, although the science payload is somewhat different. A number
of body-fixed science experiments have also been added to the equipment
module.
The adapter geometry is unchanged. The recommended shroud/
_H_,f,_,- _,_,_,-f_-,_ _ _ adequate ¢'--" +_
........ e upgraded space _;+
Holes in the upgraded antenna reflector permit the mechanical
interfacing of the fittings at the spacecraft/launch vehicle separation
joint, which occurs close to the face of the dish to avoid flyout problems
with the dish. The antenna is held in place by the release fitting and is
stabilized at two points on the outer periphery of the dish. The antenna
feed is stowed between the antenna and the spacecraft. In configuration
it is similar to half a wishbone and lies outboard of the mechanical
interface attachments between the spacecraft and adaptor.
After operation of its redundant pyrotechnic release mechanism,
.LLI
is released by its redundant pyrotechnically-operated release mechanism
and deployed by redundant spiral power springs. The waveguide located
between the deployment hinge and the feed is used as the feed support
structure.
4. 2. 3 Mass Properties
Weights of the upgraded spacecraft to the extent that they differ
from the recommended configuration are discussed in this section. Sum-
mary and detailed weight estimates are given in Tables 4-2 through 4-6.
Both the required NASA weight format and the TRW format are included.
As shown in Table 4-3, the total weight of the upgraded planetary
vehicle is estimated to be 29,762 pounds, including a 7000-pound capsule,
600-pound spacecraft science, 50 pounds for the capsule radio link, and
an estimated 686 pounds for the planetary vehicle adapter.
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Table 4-2. Summary Weight Estimates - Upgraded Configuration
(Guideline Format)
Capsule Weight - (lb) 7,000.0 8,000. 0
Item Weight (lb)
Structure 912. 0 912.0
Basic Shell 211.4 211.4
Meteoroid Protection 556. 6 556. 6
Supports 115.4 115.4
Separation Mechanism 28. 6 28. 6
Propulsion I, 568.7 1,568.7
Engine (Main) 408. 5 408. 5
Fuel System 232. I 232. 1
Oxidizer System 237. l 237. 1
Pressurization 348.8 348.8
Supports 308. Z 308. 2
Secondary Engine Installation 34.0 34. 0
Equipment and Instrumentation 2,854. l 2,854. 1
Structure 180. 0 180. 0
Guidance, Control and Navigation 168. 2 168. 2
Instrumentation 465.8 465. 8
Electric Power 594.4 594.4
Electric Networks 349. 0 349. 0
Temperature Control System 249.7 249.7
Altitude Control System 247. 0 247. 0
Science Equipment 600. 0 600. 0
Balance Weights 30. 0 30. 0
Contingency 235. 8 235.8
Total Dry Spacecraft 5, 600.6 5, 600. 6
Residuals 475.4 475.4
Propellant 433. 2 433.2
Pressurant 42. Z 42. 2
Total Inert Spacecraft 6,076. 0 6, 076. 0
Usable Propellant 16, 000. 0 16, 000. 0
Total Spacecraft At Liftoff 22, 076. 0 22,076. 0
Capsule 7, 000. 0 8,000. (_
Total Planetary Vehicle at Liftoff 29, 076. 0 30,076. 0
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Table 4- 3. Summary Weight Estimates - Upgraded Configuration
(TRW Format)
Capsule Weight - (Ib) 7,000.0 8,000. 0
Item Weight (ib)
Capsule 7,000.0 8, 000. 0
Spacecraft Science Subsystem 600. 0 600. 0
Capsule Radio Link 50. 0 50. 0
Spacecraft Equipment Module 3,095. 6 3,095. 6
Structure 1,013.5 1,013. 5
Thermal Control 188. 5 188. 5
Electrical Power 594. 4 594. 4
Electrical Distribution and Pyrotechnic Control 339. 0 339. 0
Guidance and Control 333. Z 333. Z
S-Band Radio 27Z. 3 272. 3
Telemetry and Data Storage 13]. 0 131. 0
Command and Sequencer 46. 5 46. 5
Balance Weights 30. 0 30. 0
Contingency (5%) 147. Z 147. Z
Spacecraft Propulsion Module 18, 330.4 18, 330.4
Structure 477.7 477.7
Thermal Control 61. Z 61. 2
Electrical Distribution and Pyrotechnic Control I0. 0 10. 0
Thrust Vector Control Actuators 57.0 37. 0
Engine 408. 5 408. 5
Engines C-I 34.0 34.0
Propellant Feed 425. P 425. Z
Pressurization System 312.8 31Z. 8
Residuals (Propellant and Helium) 475.4 475. 4
Contingency (5%) 88.6 88. 6
Impulse Propellant 16,000. 0 16,000. 0
Planetary Vehicle Gross Weight Z9,076. 0 30, 076.0
Planetary Vehicle Adapter 685. 5 685. 5
Structure 474. Z 474. 2
Electrical Distribution and Pyrotechnic Control 8.0 8. 0
Shroud Modification 134.7 134. 7
Separation System 36. 0 36. 0
Contingency 32. 6 32.6
Planetary Vehicle Gross Weight g9,761. 5 30,761. 5
Plus Adapter
4-23
_SYSTEM$ •
Table 4-4. Planetary Vehicle Weight Estimate - Upgraded
Configuration (Guideline Format)
Item Weight (lb)
Structure
Basic Shell
Rings and Frames
Stringers and Longerons
Longer ons 75. 6
Radial Members 21. 0
Miscellaneous
Equipment Module Attachments 23. 5
Propulsion Module Attachments 14. 3
Meteoroid Protection
Equipment Module Panels
Propulsion Module Panels
Supports
Antenna
Medium Gain Antenna 12.. 5
Low Gain Antenna 2.. 0
High Gain Antenna 23.4
Planetary Scan Platform
Solar Array
Separation Mechanism
Propulsion
EnRine (Main)
Fuel System
Tanks and Supports
Tanks 146. 0
Start Tank 25. 0
Tank Supports 22. 0
Plumbing
Fill/Drain CouplinR 0.9
Pre-Valve 10. 0
Quad Soleaoid Valve 5. 0
Filter 2. 3
Pressure Transducer 0. 3
77. 0
96.6
37.8
510.0
46.6
37.9
38. 5
39.0
193. 0
34. 1
912. 0
211.4
556.6
115.4
28.6
i, 568. 7
408. 5
232. 1
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Table 4-4. Planetary Vehicle Weight Estimate - Upgraded
Configuration (Guideline Format) (continued)
Item
Temperature Transducer
Hardware
Fuel Lines
Miscellaneous
Electrical Harness
Electrical J-Box
Oxidizer System
Tanks and Supports
Tanks
Start Tank
Tank Supports
Plumbing
Fill/Drain
Pre- Valve
Quad Solenoid Valve
Filter
Pressure Transducer
Temperature Transducer
Hardware
Oxidizer Lines
Miscellaneous
Electrical Harness
Electrical J-Box
Pressurization
Bottles and Supports
Pres surant Tanks
Pressurant Tank Supports
Plumbing
Fill/Vent Coupling - Helium
Fill/Vent Coupling - Propellant
Explosive Valves
Filter
Quad Pressure Regulator
Quad Check Valve
Burst Disc and Relief Valve
Pressure Transducer
Temperature Transducer
Hardware
Lines
0.5
2.1
13.0
2.5
2.5
146. 0
25.0
22. 0
0.9
10.0
5.0
2.3
0.3
0.5
2.1
18.0
2.5
2.5
264. 0
36.0
0.3
0.9
12.0
0.9
12.0
1.8
1.6
0.8
0.5
3.0
15.0
Weight (lb)
193.0
39. 1
5.0
300.0
48.8
Z37. 1
348.8
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Table 4-4. Planetary Vehicle Weight Estimate - Upgraded
Configuration {Guideline Format) {continued)
Item Weight (lb)
Supports 308. 2
Engine Supports 31.8
System Supports 276.4
Main Cross Beams 72. 0
End Beams 48. 0
Center Beams 20. 0
Base Panel 136.4
Secondary Engine Installation 34. 0
Engines (4) Z9. 2
Valves (Z) I. 0
Plumbing i. 8
Supports 2. 0
Equipment and Instrumentation 2,854. l
Structure 180. 0
Equipment Mounting Panels 180. 0
Guidance, Control and Navigation 168.2
Sensors 34. 2
Canopus Sensor (2) 30.2
Coarse Sun Sensor (4) g. 4
Fine Sun Sensor (Z) 0.4
Limb and Terminator Crossing Detector (Z) 1. Z
Computer/Sequencer 34.0
Primary Computer and Sequencer 18. 0
Backup Computer and Sequencer 16. 0
Control Computer 63. 0
Inertial Reference Assembly (2) 50. 0
Guidance and Control Electronics 13. 0
Servo Actuators 37.0
TVC Actuators 37. 0
Instrumentation 465. 8
Radio IZl. 7
S-Band Radio 71.7
Baseband Assembly I. 0
Modulator Exciter (2) 6. 0
l-Watt Transmitter 3. 0
Power Amplifier and Power Supply (2)18. 7
Transmitter Selector
Receiver (4)
Receiver Selectro
Low Gain Antenna Selector
Circulator Switch Assembly
1.0
14.0
1.0
0.5
7.5
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Table 4- 4. Planetary Vehicle Weight Estimate - Upgraded
Configuration (Guideline Format) (continued)
Item
Diplexer (4} 4.0
Preamplifier (4} Z. 0
Interconnective Cables 8.0
Antenna Drive Electronics 5. 0
Capsule Radio Link 50.0
Command 12. 5
Command Unit i0. 5
PSP Remote Decoder 2. 0
Telemetry 15.0
Telemetry Data Handling Unit 1 I. 0
PSP Video Remote Multiplexer 2. 0
PSP Remote Multiplexer 2.0
Data System ll6. 0
Video Tape Recorder (4) 80. 0
Engineering and Science Tape Recorder (2) 36. 0
Antennas 200. 6
Low Gain Antenna (2) 6. 0
Low Gain Antenna Feed (2) 6.5
High Gain Antenna 105. i
High Gain Antenna Feed 8. 4
High Gain Antenna Drive 40. 0
Medium Gain Antenna 12.4
Medium Gain Antenna Feed 5.2
Medium Gain Antenna Drive 17. 0
Electrical Power
Solar Panels 266.4
Batteries (3) 237.0
Power Control 91.0
Inverter 1 i. 0
Converter (8) 48.0
Power Control Unit 25. 0
Shunt Element Assembly (1} 7. 0
Electrical Networks
Networks 321. 0
Cabling and Connectors - Equipment Module 238.0
Cabling and Connectors - Propulsion Module 5.0
J-Box - Propulsion Module 5. 0
Junction Box (6) 57. 0
Distribution Control Unit 16.0
Pyrotechnics 28. 0
Pyrotechnic Control Assembly 28. 0
Weight {lb}
594. 4
349. 0
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Table 4-4. Planetary Vehicle Weight Estimate - Upgraded
Configuration (Guideline Format) (continued}
Item Weight (lb)
Temperature Control System
Equipment Module Insulation
Propulsion Module Insulation
Louvers and Mechanisms
Other Devices
Insulation- Engine
Attitude Control System
Bottles (2)
Plumbing
Thruster Assembly (4)
Mounts
Controls
Low Pressure Regulator
High Pressure Regulator
Solenoid Valve
Selector Valve
Fill Valve
Miscellaneous
Low Pressure Transducer
High Pressure Transducer
Outlet Transducer
Nitrogen Gas
Usable N z
Residual N Z
Science Equipment
Scan Platform
Science Instruments
Balance Weights
Contingency
Total Dry Spacecraft
Residuals
Propellant
Tanks
Lines and Engine
Pressurant
Total Inert Spacecraft
Usable Propellants
Fuel
Oxidizer
Capsule
Total Spacecraft at Liftoff
Total Planetary Vehicle at Liftoff
Z. 4
5.0
7.2
1.2
0.4
0.2
0.2
0. I
104.0
7.4
127.6
31.9
47. 5
13.4
29. 3
1OZ. 6
2.0
2.4
ii.0
16.2
1.4
111.4
380. 1
53. 1
249.7
247. 0
600.0
5,600.6
475.4
433.2
42.2
6,076. 0
1 6,000. 0
6,153.8
9,846. 2
22,076. 0
8,000. 0
30, 07 6. 0
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Table 4- 5. Detailed Weight Estimate, Equipment Module -
Upgraded Configuration (TRW Format)
Item
Structure 1,013. 5
Equipment Panels (6) 180.0
Meteoroid Protection Panels (27) 510. 0
Longerons (8) 75. 6
Rings (5) 77.0
Radial Members (8) Zl. 0
lvzeQlum Gain ._nLenu_"--'- ...... " -'- .... ' "" - --" ....... _- _'"- -' .... : - --zvzt::c;zzo,u, s_zl i g. 5fILloupporL_ _ epzoyzzl_u.t.
Low Gain Antenna Deployment Mechanism 2. 0
High Gain Antenna Supports and Deployment Mechanism 23. 4
PSP Supports and Deployment Mechanism 38.5
Solar Array Supports 39. 0
Nitrogen Bottle Supports 11. 0
Attachments and Miscellaneous Z3.5
Thermal Control 188. 5
Insulation IZT. 6
Louvers 47. 5
Heaters and Thermostats 4.0
Attachments and Miscellaneous 9.4
Electrical Power 594.4
Solar Array Z66.4
Battery (3) Z37. 0
Inverter -- 400 Hz (1) 11. 0
Converter -- DC-DC (8) 48. 0
Power Control Unit (1) ZS. 0
Shunt Element Assembly (Z) 7.0
Electrical Distribution and Pyrotechnic Control 339. 0
Cabling and Connectors Z38.0
Junction Box (6) 57. 0
Pyrotechnic Control Assembly (1) Z8. O
Distribution Control Unit (1) 16. 0
Weight (lb.)
4-Z9
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Table 4- 5.
Item
Guidance and Control
Inertial Reference Assembly (Z)
Guidance and Control Electronics (1)
Canopus Sensor (2)
Canopus Sensor Shield (Z)
Coarse Sun Sensor (4)
Fine Sun Sensor (Z)
Limb and Terminator Crossing Detector (2)
Pressure Vessel (Z)
Low Pressure Regulator (Z)
High Pressure Regulator (Z)
Solenoid Valve (iZ)
Selector Valve (Z)
Low Pressure Transducer (Z)
High Pressure Transducer (2.)
Outlet Transducer (12.)
Fill Valve (Z)
Plumbing Set (2.)
Thruster Assembly (4)
Residual Nitrogen
Usable Nitrogen
S-Band Radio
Baseband Assembly (i)
Modulator Exciter (2.)
1-Watt Transmitter (I)
Power Amplifier and Power Supply (2)
Transmitter Selector (I)
Receiver (2)
Receiver Selector (1)
Low Gain Antenna Selector (I)
Circulator Switch Assembly (1)
Detailed Weight Estimate, Equipment Module -
Upgraded Configuration (TRW Format)(cont)
Weight (lb.)
333. Z
50.0
13.0
14.0
16.2
2.4
0.4
l.Z
I02.. 6
2..4
5.0
7.2
1. Z
.2.
.2
1.0
.4
2..0
2..4
7.4
104. 0
2.72.3
1.0
6.0
3.0
18.7
1.0
14.0
1.0
5
7.5
4-30
Table 4- 5.
It e m
Diplexer (4)
Preamplifier (4)
Low Gain Antenna {2)
Low Gain Antenna Feed {2)
High Gain Antenna (1)
High Gain Antenna Feed (1)
High Gain Antenna Drive (1)
Medium Gain Antenna (1)
Medium Gain Antenna Feed { 1)
Medium Gain Antenna Drive (1)
Interconnecting Cables {15)
Antenna Drive Electronics { 1)
Telemetry and Data Storage
Video Tape Recorder (4)
Engineering and Science Recorder (2)
Telemetry. Data Handling Unit {1)
PSP Video Remote Multiplexer (1)
PSP Remote Multiplexer { 1)
Command and Sequencer
Command Unit (1)
Primary Computer and Sequencer (1)
Backup Computer and Sequencer (1)
PSP Remote Decoder {1)
Balance Weights
Contingency {5%)
Spacecraft Equipment Module
Detailed Weight Estimate, Equipment Module -
Upgraded Configuration (TRW Format)(cont)
Weight (lb.)
4.0
2.0
6.0
6.5
105.1
8.4
40.0
12.4
5.2
17.0
8.0
5.0
131.0
80.0
36.0
ll. 0
2.0
Z. 0
46.5
10.5
18.0
16.0
2.0
30.0
147.2
3,095.6
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Table 4- 6.
Item
Detailed Weight Estimate, Propulsion Module --
Upgraded Configuration
Weight (lb)
Structure
Main Cross Beams (3)
End Beams (8)
Center Beams (4)
Base Panel (1)
Meteoroid Protection Panels (4)
Separation System
Propellant Tank Supports
Pressurant Tank Supports
Engine Supports
Attachments and Miscellaneous
Temperature Control
Base Panel Insulation
Engine Insulation
Electrical Distribution and Pyrotechnic Control
Cabling and Connectors
J -Box
Thrust Vector Control Actuators
TVC Actuators (2)
Engine and Valves
Combustion Chamber Assembly
Chamber Heat Shield
Seal
Nozzle Extension
Nozzle Insulation
Hardware
Injector
Pintle Actuator
Propellant Lines and Ducts
477.7
72.0
48.0
20.0
136.4
46. 6
28. 6
44. 0
36. 0
31.8
14.3
61. 2
31.9
29. 3
I0.0
5.0
5.0
37. 0
37.0
408.5
202.5
8.0
2.0
36. 0
26.5
5.0
29. 3
4.0
13.0
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Table 4- 6.
Item
High Thrust Shutoff Valve
Low Thrust Shutoff Valve
Pr e -Valve
Hardware
Trim Orifices
Electrical Harness
Junction Box
Hardware -- J. B.
Instrumentation
Gimbal Assembly
Hardware
Engine Installation (C-I Backup)
C-I Engines (4)
Nozzle Extension
Nozzle Insulation
Isolation Valves (2)
Plumbing
Hardware
Propellant Feed System
Tanks (4)
Start Tanks (2)
Fill -Drain Coupling (4)
Pre-Valve (4)
Quad Solenoid Valve (2)
Filter (2)
Pressure Transducer {2)
Temperature Transducer (47
Hardware
Electrical Harness
Electrical J-Box
Fuel Lines
Oxidizer Lines
Detailed Weight Estimate, Propulsion Module --
Upgraded Configuration (Continued)
Weight (Ib)
17.0
13,8
3.5
0.8
0.5
6.0
4.0
2.0
3.0
26.1
5.5
34. 0
20.0
5.2
4.0
1.0
1.8
2.0
425. 2
292. 0
50.0
1.8
20.0
10.0
4.6
0.5
1.0
4.3
5.0
5.0
13.0
18.0
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Table 4- 6.
Upgraded Configuration (Continued)
Item
Pressurization System
Tanks (2)
Fill/Vent Coupling -- Helium (i)
Fill/Vent Coupling -- Propellant (2)
Explosive Valves (15)
Filter (3)
Quad Pressure Regulator (i)
Quad Check Valve (Z)
Burst Disc and Relief Valve (2)
Pressure Transducer (3)
Temperature Transducer (2)
Hardware
Plumbing
Residuals
Fuel
Fuel -- Tanks
Oxidizer -- Tanks
Fuel -- Lines
Oxidizer -- Lines
Helium- -Tanks
Contingency (507o)
Impulse Propellant
Fuel
Oxidizer
Spacecraft Propulsion Module
Detailed Weight Estimate, Propulsion Module --
Weight (lb)
312.8
264. 0
0.3
0.9
12.0
0.9
12.0
1.8
1.6
0.8
0.5
3.0
15.0
475. 4
52.1
126.2
201. 8
20.4
32.7
42. 2
88.6
16,000. 0
6, 153.8
9,846. 2
18, 330. 4
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The calculated powered flight slosh stability curve for the upgraded
spacecraft (Figure 4-7) shows a reasonable slosh stability margin, but
as in the recommended spacecraft, the PSP must be deployed to obtain
this. The curve is drawn with the PSP fully-deployed, which allows a
lighter PSP drive due to the reduced torque requirement.
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Main differences which affect weight between the upgraded and
recommended configuration lie in the following subsystems:
• The rmal control
• Electrical power
• Electrical distribution and pyrotechnic control
S-band radio
4. 2. 3. 1 Thermal Control
Louver area is increased from 42.5 to 55.5 sq.
the higher heat loads to be dissipated.
increase in weight.
4. 2. 3. 2 Electrical Power
Relative to the recommended configuration,
ft. to account for
This causes an ii. 2 pound
solar array size and
battery capacity are increased to accommodate the larger power require-
ments. The remainder of the items in the electrical power subsystem
are unchanged in terms of weight and size.
4-35
Tj_l_s YSTEM$
Atotalof 1, 034 watts, is provided by three solar arrays. These
are the annular array, which is the same as that on the recommended
configuration except for an added 12 sq ft, an array of four rectangular
panels on the aft surface of the spacecraft, and an array of four triangular
panels also on the aft surface. The rectangular panel array consists of
three panels used on the recommended configuration plus one additional
panel. Power provided by this additional panel is 69 watts and it weighs
1 6. 2 pounds. The four triangular panels are of aluminum honeycomb
construction, the same as the rectangular panels and weigh 7. 6 pounds
each. Power provided by the triangular panels is 137 watts.
The characteristics of the upgraded batteries are as follows:
Nominal capacity
Average discharge current
Nominal discharge voltage
Number of cells
Maximum depth of discharge
Number of batteries
Weight per battery
27 amp -hr
6 amps
41 volts
33 series-connected
51 percent
3
79 pounds
4. 2. 3. 3 Electrical Distribution and Pyrotechnic Controls
Added spacecraft science experiments cause the weight of this
subsystem to increase 49 pounds. A new harness weighing 6 pounds
which connects to boom-mounted instruments is added. The remaining
51 pounds is accounted for in growth in the main science harness, science
J-boxes, the distribution control unit, and the pyrotechnic control
a s sembly.
4. 2. 3. 4 Guidance and Control
The capability of the attitude control system is increased in the
upgraded configuration to meet the following impulse requirements.
• Cruise impulse at low thrust, 1,224 Ib-sec
• Acquisitions and maneuver impulses at high thrust,
1,149 ib-sec
• Powered flight roll control impulse at high thrust,
1 30 Ib-sec.
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The weight of nitrogen gas required is therefore ill. 4 pounds
assuming triple redundancy, a l0 percent contingency on the usable gas,
and 7.4 pounds for residuals and leakage. Tank weights were obtained
using the same design criteria employed in sizing tanks for the recom-
mended configuration: titanium material with 1 60, 000 psi allowable
tensile strength, 3,000 psi storage pressure, and a factor of safety of 1.5.
Weights of other items in the subsystem remain unchanged.
4. 2. 3.5 S-Band Radio
The S-band radio system in the upgraded spacecraft is different
• _w_ _,_e _u**_,_u_u _o_gu_,_.ior, _, two respects. _uc Lwu 50-watt
power amplifiers are replaced by two 100-watt units, and the high gain
antenna is increased in diameter from 9.5 feet to 20. 0 feet. The 9.5-
foot antenna has a gain of approximately 34 db and a half power beamwidth
of 3. Z degrees, while the 20-foot dish has a gain of approximately 40 db
and a half power beamwidth of 1.5 degrees.
The weight of the power amplifiers increases by 20 percent, to
18.7 pounds.
The high gain reflector is constructed of 0.5 inch thick, 1 lb/cu ft
aluminum honeycomb core, with 0. 005 inch face sheets. This yields a
total weight of 97.1 pounds for the reflector, reflector support, feed
horn, and feed support.
4. Z. 3. 6 Balance Weights
Due to the increased size and weight of the upgraded spacecraft,
an additional 15 pounds of balance weights are allocated, for a total
of 30 pounds.
4. Z. 4 Structural Subsystem and Adapter
As noted in Volume 3, the structures of the equipment module,
propulsion module and planetary vehicle adapter have been sized to
accommodate capsules weighing as much as 8000 pounds and the space-
craft science payload of as much as 600 pounds. Therefore, no changes
will be required to these elements for the upgraded spacecraft system.
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4. 2.5 Propulsion Subsystem
As noted in Volume 3, the recommended propulsion subsystem
can, with the 16,000 pounds of usable propellant, perform the 1973
through 1979 missions with the upgraded planetary vehicle without
modification.
4. 2. 6 Temperature Control Subsystem
The temperature control subsystem for the upgraded spacecraft
uses the same basic thermal design concepts and techniques as the recom-
mended spacecraft (Volume 3, Section 5). The differences between Lhe
upgraded and the recommended spacecraft temperature control subsys-
tems are physical in nature (i.e., size of louvers, required radiator area,
insulation blanket size and heater requirements). Table 4-7 presents a
comparison of the physical parameters of the temperature control
subsystems. All the thermal finish and the structural thermal coupling
requirements are the same for the upgraded and the recommended
spacecraft.
Table 4-7. Comparison of Upgraded and Recommended
Spacecraft Temperature Control Subsystems
Indicates Subsystem can be Upgraded by
Minor Modification s
Temperature Control
Subsystem Component Upgraded Recommended
Equipment Module
Insulation area (sq ft)
Minimum effective radiator area (sq ft)
Total heater requirement
(thermostatically controlled) - (watts)
Planetary Scan Platform
Insulation area (sq ft)
Radiator area (sq ft)
Total heater requirement (watts)
444 45 4
43 33
25 15
27 40
3 2
8 6
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The PSP was designed to accommodate the upgraded science. With
the increase in heat dissipation in the upgraded spacecraft's PSP, it is
necessary to provide additional radiating area. Table 4-7 presents the
increased radiating area and decreased insulation area for the upgraded
spacecraft.
The increase in heat dissipation from the additional equipment in
the upgraded spacecraft's equipment module requires increased louver
area. The addition of components that have critical lower-temperature
limits increases the heater requirements during eclipse. Table 4-7
presents the increased louver area requirements and the increased heater
requirements. The higher heat dissipation components (i. e., TWT) can
be accommodated by the temperature control subsystem as long as the
power density (watts/sq in. of baseplate) is not significantly increased.
This is achieved by providing efficient therma! mounts for the tubes.
As can be seen, relatively minor modification to the recommended
spacecraft's temperature control subsystem provide a temperature control
subsystem capable of providing an adequate thermal environment for all
components of the upgraded spacecraft.
4. 2.7 Electric Power Subsystem
A preliminary analysis of the electrical loads in the upgraded
spacecraft shows that the main increases occur in the S-band radio
subsystem (due to the 100-watt traveling wave tubes) and in the science
subsystem (due to the increased number of instruments). The maximum
power required is 1079 watts, during operation in the Martian orbit.
This figure would be reduced if the capsule contained a radioisotope
thermal generator that satisfied its internal electric requirements.
The estimated electric power requirements for the spacecraft subsystem
and the capsule are shown in Table 4-8.
The power supply subsystem used in the recommended 1973 space-
craft requires little modification for the upgraded spacecraft. To meet
the increased power requirements (Table 4-8), the area of the fixed solar
array is increased to provide a total of 1099 watts at 1.62 Au. No
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Table 4-8. Critical Power Requirements
Upgraded Spacecraft (watts)
Orbital Orbital
Operation Operations
Planetary Spacecraft
Orbit Vehicle Sun
Insertion (at 1.62Au) (at 1.67 Au) Eclipse
S-Band Radio
Guidance and Control
Thermal Control
Capsule Support
Science
5 0V 345 345 345 345
400Hz 117
5 0V 205 65 65 60
50V 84 64 64 64
50V - 200 - -
50V 6 96 117 180
400 Hz 14 14
Telemetry and
Data Storage 50V 21 20 Z3 23
Command and
Sequence r 5 0V 41 41 41 41
Distribution 50V 7 7 7 7
Power (PCU) 50V I0 10 10 i0
Inverter 50V 27 3 3
Subtotal 863 8 65 689 7 30
Harness Loss 8 9 7 8
Subtotal 871 874 696 738
Battery Charging - 152 293 -
Power Margin (50/0) - 51 49 -
Subtotals 871 107 9 1038 7 38
deployable or moving panels are added (Figure 4-8). The battery capacity
is enlarged by using three 27 amp-hr batteries instead of the 16 amp-hr
units of the 1973 spacecraft.
The power subsystem for the upgraded spacecraft is sized by
orbital power requirements during the eclipse season, where, in addition
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Figure4-8
SOLARARRAY FORUPGRADEDSPACECRAFTmakesuse of spaceavailableon the EquipmentModuleof the RecommendedSpacecraft. Nomoving
or deployablepanels are required to meetthe additionalpowerrequirementsof the U_raded Spacecraft.
to the increased science loads a battery recharge load also exists. The
power requirements during this mission phase are 1038 watts from the
solar array and 738 watts from the battery. (See Table 4-8.) 787 watts
are obtained from the area used in the recommended spacecraft array,
and 205 additional watts become available from use of the fourth
rectangular panel and the fraction of the area of the triangular panels under
the equipment compartment. Forty-two watts can be obtained from
about 12 square feet of area in the annular array section by filling six
of eight triangular slots between panels. This gives a total of 1034 watts
at 1. 67 AU.
The total number achieved in this way appears 4 watts short of the
required power. However, this first approach tosizing the power
subsystem encompasses an accumulation of worst-case conditions. In
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fact, the possibility of obtaining all the required power from the solar
array without the use of deployable panels is quite good. The reasons
for the optimism expressed can be stated as follows:
a) The packing factor (cell area over total area) for the
uninsulated annular array has been assumed of 83 per-
cent. A 5 percent improvement is quite feasible and
an additional 30 watts could thus be obtained.
b) The 1038 watts requirement assumes a 2. 3-hour
eclipse in a 1 3. 8-hour orbit. A reduction of 100 watt-
hr in energy discharge due to shorter eclipse will mean
a reduction in about 25 watts for battery recharge load.
c) The 1034-watt solar array output assumes a degraded
panel and a distance from the sun of i. 67 AU, (maximum
Mars to sun distance). If the actual distance during the
worst eclipse is closer, enough to obtain 2 percent
more array power, the 4-watt deficit can be covered.
d) The recharge efficiency of the battery was assumed to
be 50 percent, with the battery being at 90°F all the
time. For at least a fraction of the orbit during recharge,
the battery will most probably be at a lower temperature,
and the resultant improvement in charge efficiency can
reduce the load and put it closer the worst-expected
solar panel power output.
e) A closer analysis of the loads, where there is a possibility
of having made duplicated allowances for conditioning
efficiency and thereby reduce the loads.
f) Some of the science loads could be turned off during the
longest eclipse orbits to reduce the required power.
Reasons a) through d) represent possible fixes within the power
subsystem itself. Other areas can also be explored for possible reduc-
tion in the amount of power required.
The battery must be resized for the new power requirements. In
this case, as in the recommended spacecraft, the orbital operation is
critical. The energy required during the 2. 3-hour eclipse will be
1 682 watt-hr. An 81 amp-hr battery system, consisting of three 27 AH,
33-celi, batteries, is recommended for the upgraded spacecraft. The
amount of energy available from this battery subsystem is 3321 watt-hr
and in the worst orbit a depth of discharge of slightly under 51 percent
is obtained.
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Changes in the power control unit, inverter and converters will
be small. Less than 15 pounds increase in total weight is predicted.
4. 2.8 Electrical Distribution and Pyrotechnic Control Subsystem
In the electrical distribution and pyrotechnic control subsystem,
changes to accommodate upgraded spacecraft requirements are
required in certain harnesses and junction boxes associated with the
science subsystem.
The pyro control unit (PCU) is unchanged and also the distribution
control unit (DCU). Each has a small amount of excess capacity when
used in the recommended spacecraft for the i973 mission.
4. 2.8. 1 Science Junction Boxes
As a result of the increased experiment interface requirements for
the upgraded spacecraft science payload, the science equipment panel
junction box will increase in size by approximately 400 cubic inches and
in weight by I0 pounds. The PSPjunction box will increase by
approximately 120 cubic inches and by 3 pounds.
4. 2.8.-2 Science Harness
The equipment panel, and equipment module science harnesses will
have considerable growth as a result of increased equipment module science
payload for the upgraded spacecraft. The increase for the equipment panel
harness will be ten pounds. The increase for the equipment module science
harness will be 40 pounds. The PSP science harness will increase approxi-
mately 2 pounds.
The use of deployable experiment booms creates a need for new boom
harnesses to interconnect the main body and the boom-mounted experiment
packages. A harness configuration similar to those previously developed
and flown by TR'vV on other spacecraft programs will be used. This har-
ness configuration has the following features:
• Utilizes a bundle of standard circular wire formed
in a rope lay for minimum torque during deployment.
• Is shaped into a hinge loop for minimum torque.
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Utilizes a bundle inner thermal protective jacket of
braided aluminized mylar and an outer thermal jacket
of fiberglass sleeving.
Incorporates very small heaters at the hinge loops to
prevent low temperature stiffness effects.
This boom harness configuration is illustrated in Figures 4-9 and 4-10.
FI BERGLASS
E LAID
Figure 4-9
A HARNESS TO A DEPLOYABLE BOOM will make use of a bundle
of standard circular wire formed in a rope lay for minimum torque
du ring deployment.
Figure 4-10
HARNESSES like these developed for the Orbiting Geophysical
Observatory will be used for the deployable booms on the upgraded
Voyager Spacecraft.
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The addition of the two flexible harnesses (one for each deployable
boom) will increase the spacecraft total harness weight by approximately
6 pounds (3 pounds per boom harness).
4.2.9 Guidance and Control Subsystem
The guidance and control requirements of the upgraded spacecraft
are substantially the same as those for the baseline or recommended
1973 design except for those factors arising from the increased spacecraft
inertia and the incorporation of the larger 20-foot diameter high gain
antenna. Photography of higher resolution does not bring additional require-
ments as the limit cycle rates are already adequately low.
Accordingly, the configuration of the guidance and control subsystem
is identical for the recommended and upgraded spacecraft designs and is
as shown in Figure 4-11. Likewise, the design and performance of the
subsystem is identical for the two spacecraft design except for the
following :
• For the upgraded spacecraft, the limit cycle amplitude
obtained during the cruise mode of operation (including
operation in the Mars orbit) has been reduced from
±0. 5 to +0. 2 degree to enable more accurate pointing of
the high gain antenna.
• Approximately 50 pounds of gas has been added to the
reaction control system to accommodate the demand
for increased control impulse due to higher spacecraft
inertia, reduced limit cycle amplitude and increased
light pressure disturbance torques.
4.2.9. I Spacecraft Pointing Accuracy
Since the high gain antenna must point toward the earth continuously
during the transit and orbital phases of the mission, the spacecraft body
attitude must be adequately controlled to provide the required pointing
accuracy. Additionally, the attitude limit cycle should be small enough
that the antenna gimbal drive does not have to continuously compensate
for body motion.
For the recommended spacecraft, a maximum error of ±0.64 deg/
axis or ±0.9 degree measured radially, is achieved with a control dead
zone of ±0.5 degree. As shown in Figure 4-12, which is a curve of
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GUIDANCE AND CONTROL SUBSYSTEM CONFIGURATION in the upgraded design is identical with that of the recommended spacecraq.
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maximum allowable pointing error versus antenna diameter, a pointing
accuracy thus is adequate for the 9.5-foot diameter antenna of the recom-
mended spacecraft. However, fhr the 20-foot diameter antenna of the
upgraded spacecraft, this curve shows that maximum permissible pointing
error is _+0. 318 deg/axis or 0.45 degree measured radially.
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Figu re 4-12
GRAPH OF ANTENNA BEAMWlDTH AND MAXIMUM POINTI NG ERROR
FOR 1 DB LOSS shows that for an antenna diameter of 20 feet, the
maximum pointing error allowable is 0. 45 degree measured radially.
For the upgraded spacecraft it is necessary to reduce the control
system dead zone to ±0. Z degree from the value of ±0.5 degree used for
recommended spacecraft. This together with the employment of the inflight
calibration scheme and the reduction of the limit cycle amplitude due to
the solar radiation pressure, as it is used in the recommended spacecraft,
enables a reduction of the antenna pointing errors to ±0. 14 degree in the
yaw axis and ±0. 34 degree in the pitch axis for a total radial error of
±0.37 degree. This provides a total pointing error within the desired
value of ±0.45 degree as required for the Z0-foot antenna.
4. Z. 9. Z Gas Consumption
Spacecraft moments of inertia for the recommended and upgraded
spacecraft are:
I I I slug-ft z
x __Z z
Recommended Spacecraft
Transit ZZ, 500 Zl, 100 14, 000
Orbit 6, 780 4, 640 7,400
Upgraded Spacecraft
Transit 37,750 35, 000 Z4,000
Orbit 8,850 4, 670 8, 950
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As can be seen above, the upgraded spacecraft inertias are signifi-
cantly increased over those of the recommended design, calling for a
greater total control impulse and hence greater gas storage.
Gas consumption for the upgraded spacecraft is increased from
the recommended design because of the reduction in the control system
dead zones from -_0.5 to ±0.2 degree and because of increased spacecraft
inertias and disturbance torques due to solar pressure.
In examining the effects of reducing the limit cycle amplitude from
±0.5 to ±0.2 degree, both transit and orbit phases need to be considered,
since the geometry does not permit use of the medium gain antenna
during transit. Control system performance is evaluated on the basis of
the following as sumptions :
Pitch moment of inertia (in transit) 37, 750 slug-ft 2
Yaw moment of inertia (in transit) 35, 000 slug-ft 2
Roll moment of inertia (in transit) 24, 000 slug-ft Z
Pitch moment of inertia (in orbit) 8, 850 slug.-ft 2
Yaw moment of inertia (in orbit) 4, 670 slug-ft 2
Roll moment of inertia (in orbit) 8, 950 slug-ft Z
Distance between attitude control gas Z0 ft
jets
Minimum gas jet on time
Time in transit
Time in orbit
Specific impulse of propellant
25 msec
200 days
165 days
120 sec (heated IN2)
Computations have been made for limit cycle amplitudes of ±0.5 and
±0.2 degree at a thrust level of 0.2 pound to discover the increase in gas
required for the upgraded mission. Results summarized in Table 4-9
show that the upgraded spacecraft requires 20.40 pounds of gas for control
during the transit and orbital phases of the mission as opposed to a require-
ment of 5. 12 pounds for the recommended spacecraft. This computation
is made on the basis of the use of the mission providing an Isp of 120
seconds. The configuration of the reaction control system is identical to
that used for the recommended spacecraft in that two independent '%all"
systems are employed to avoid catastrophic effects in case of a component
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Table 4-9.
Recommended
Spacecraft
9.5-foot antenna
+0.5 degree
deadzone
Gas Requirements for Transit and Mars Orbit
Coast Periods Illustrating the Increase of
Gas Requirements for the Upgraded Spacecraft
Over That Required for the Recommended
Design
T 0t_l
Transit Gas Orbit Gas Gas
Requirements (lb) Requirements (lb) Require-
(nonr edundant ) (non r edundant ) ment s
Y P 1% _ Y P 1%
2.00 0.39 0.60 2.99 0.91 0.5Z 0.70 2.13 5.1Z
Upgraded
Spacecraft
20-foot antenna
• 0. Z degree
deadzone
11.8 0.61 0.49 12.9 5.75 0.75 0.I0 0.750 20.40
failure. For the upgraded system, the gas storage capacity is increased
by increasing the diameter of the two tanks used to accommodate the gas.
The total weight of gas required for the upgraded mission is iii.42 pounds
as opposed to 61.07 pounds for the recommended spacecraft, when the
mission-required gas is multiplied by the factor of three required by the
"half" system concept. The total gas required for the upgraded system
is derived as follows:
Mission gas requirements
(including factor of three
for redundancy)
94. 56 pounds
10 percent contingency 9. 46
Ullage 5.20
Allowance for leakage 2.20
Total 1 1 1. 42 pounds
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For the storage of 111.42 pounds of gas, two tanks of 23. Z-inch
diameter weighing 51.3 pounds each are required. This compares with
two tanks of 19-inch diameter, each weighing 28 pounds, in the recom-
mended system. Accordingly the weight of the reaction control system
for the upgraded spacecraft is increased by 97 pounds of gas and tanks.
4.2. 10 Command and Sequencing Subsystem
In the upgraded spacecraft design there are no new requirements
on the command and sequencing subsystem that the recommended configur-
ation cannot meet. Therefore the system willbe the same as that described
in Sections 3and 6 of Volume 4. A block of commands has been reserved
for new science payloads. The command utilization summary is given in
Table 4- 10.
Table 4-10. Command Utilization Summary for Upgraded Spacecraft
Command Subsystem
Decoder
Computer and
Sequence r Disc rete
(words) (words)
Quantitative
(words)
Capability 512 Z 56 14
Usage 368 Z14 12
Unassigned 144 42 2
4.2. ll Telemetry and Data Storage Subsystem
The functional arrangement of the upgraded telemetry and data
storage subsystem is essentially the same as the recommended configur-
ation when used with the recommended T-V/film photo-imaging system.
The higher transmission data rate of the upgraded S-band radio subsystem
simply permits faster playback speed. These increased rates will permit
a more rapid picture handling rate and thus more pictures returned to
earth in a given time period.
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The higher transmission rate does not of itself call for new develop-
ments in the telemetry and data storage subsystem, defined in the recom-
mended configuration. The bit rates involved are significantly below those
being used in earth orbit missions and therefore no unusual design prob-
lems are expected.
Comparisons of the salient performance parameters are shown in
Table 4- il. The block diagram is shown in Figure 4- 13. Playback tape
speed of the medium rate science tape recorders is increased to provide
the higher transmission data rates. The record tape speed is the same
as that of the baseline subsystem because of the similarity in the medium
rate science data requirements.
Table 4-it. Parameters of the Upgraded and Recommended Spacecraft
Telemetry and Data Storage Subsystem
Parameter Recommended Upgraded
Data Transmission
Rates (kb/sec)
Clock Frequency
Biorthogonal Coding
Tape Recorder Record
Speed (TV)
Tape Recorder Play-
back Speeds (TV)
(in/sec)
Weight Difference
Size Difference
Nominal Sampling Rate
Range (Engr. Data)
Tape Length
5 I. Z 307. Z
Z5. 6 153. 6
IZ. 8 76.8
6.4 38.4
3.2 19.2
819.2 kHz
3Z, 6
25 ips
3.74 for 51. Z kb/sec
I. 87 for 25. 6 kb/sec
0. 935 for 12. 8 kb/sec
0. 467 for 6. 4 kb/sec
0. 233 for 3.2 kb/sec
4. 9152 MHz
16, 5
25 ips (No record
when 307. Z kb/sec
transmission rate is
available)
Real Time for 307. 2
kb/sec
12.5 for 153. 6 kb/sec
6. 25 for 76.8 kb/sec
3. IZ5 fo6 38. 4 kb/sec
i. 562 for 19. 2 kb/sec
Negligible
Negligible
Same
Same
4-5i
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The master clock frequency becomes 4. 9152 MHz to permit count-
down to the maximum data rate of 307.2 kb/sec or symbol rate of
983.04 kb/sec. These rates are based on the assumption ofa biorthogonal
block code of 16, 5. The clock is an integral part of the telemetry and
data storage subsystem. As stated in Section 1, Volume 4, the actual
block code to be employed must be examined in greater detail as well as
consideration of other coding schemes such as sequential coding
(convolutional).
The telemetry subsystem will include additional science multiplexer
capability. The assignments for science words are shown in Table 4-12.
There will be changes to the engineering commutator due to three less
subcommutator words: two more are required for the structure and five
less for recorders. Thirteen additional main frame and 73 additional
science subcommutator words will be required for science experiments.
An additional remote multiplexer will be provided for body-mounted science
experiments.
Table 4-12. Assigned Telemetry Channels by Words to Upgraded
Spacecraft
Main Frame
Science Channels
Subcommutator 1 Subcommutator 2
Capability 54 64 48
Usage 45 59 42
Spares 9 5 6
4.2. 12 S-Band Radio Subsystem
The basic change in the S-band radio subsystem for an upgraded
spacecraft is a 9 dbincrease in effective radiated power. This is achieved
by increasing the aperture of the high gain antenna from 9-1/2 to 20 feet
and increasing the transmitted power from 50 to 100 watts. The additional
effective radiated power is used to increase the transmission rate in the
high rate science and mapping channel. The balance of the communication
link retains the same basic structure and features described in Section 2
of Volume 4.
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4.2. i?. 1 Performance Capabilities
Theoretically, the higher effective radiated power increases the
achievable data rate by a factor of eight over the recommended configur-
ation; however, scaling directly from the recommended configuration
creates a significant problem in terms of spectrum utilization.
Increasing the peak data rate from 50kb/sec to the order of 400 kb/sec
gives a symbol transmission rate on the order of 2 mb/sec using the
32, 6 biorthogonal code. This produces two serious problems. The
first problem is that with split-phase modulation, a single spacecraft
would require approximately an 8 MHz transmission bandwidth. This is
considered unacceptable with the currently available spectrum allocation.
The second problem is that the high rate channel would interfere with the
1 MHz engineering telemetry subcarrier thus necessitating relocation of
that service within the spectrum.
These problems make it necessary to consider approaches which
make more efficient use of the available spectrum. One area in which a
significant reduction can be made involves the selection of a less demanding
code structure in terms of transmission bandwidth. The most attractive
approach would appear to be the use of a sequential code which has approxi-
mately the same theoretical performance and requires a bandwidth expan-
sion of only two compared to an expansion of approximately five for the
32, 6 biorthogonal code. However, as discussed in Section 1 of Volume 4,
the variable decoding rate of the sequential system poses a severe ground
implementation problem. This problem becomes increasingly severe as
the data rates are increased. Although current development programs
should afford improvement in this area during the next few years, there
is still a reasonable probability that the data would have to be recorded
and then processed off-line at a reduced rate. This approach might be
quite adequate for the upgraded mission and should be studied in more
depth including an analysis of the effects of additive recording noise on
channel performance. The other coding system which has been considered
is the 16, 5 Reed-Muller Code. This code requires a bandwidth expansion
of approximately three and offers about 1 db less performance improvement
than the 32, 6 or sequential codes. Using the 16, 5 code andNRZ phase
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modulation on the carrier in place of split-phase modulation allows the
higher rate channel to be confined within a g MHz bandwidth, thus retaining
essentially the same spectrum occupancy as that required for the baseline
configuration. The penalty paid for this approach is that the data rate
increase is restricted to approximately six instead of the factor of eight
theoretically achievable with the higher ERP.
Use of ERE directly on the carrier can produce some degradation
in performance depending upon the statistical distribution of the data. A
preliminary examination of the 16, 5 structure with comma freedom
indicates that the degradation should not be significant. Further analysis
will be required to confirm this conclusion.
While the 16, 5 code appears to be the more conservative approach
at present, {at least for real time processing), more detailed tradeoff
investigations should be made with respect to the sequential coding
approach, particularly considering the amount of work being done in this
area at the present time. In any event, the basic modulation structure for
the upgraded system is compatible with either approach and the coding
implementation is sufficiently simple in either case so that the impact on
spacecraft hardware is not significant if future developments indicate a
preference for sequential coding.
4.2. 12.2 Impact on Other Subsystems
The larger antenna and higher transmitter power have an impact on
a number of other spacecraft subsystems. In addition to the obvious
impact on the spacecraft structure and mass properties, the larger
antenna imposes a tighter pointing tolerance on the attitude control sub-
system. The 3 db beamwidth of the Z0-foot antenna is approximately
I. 6 degrees or one half the beamwidth of the baseline antenna. This
reduces the allowable tolerance from ±0.9 to ±0.45 degree for the same
pointing loss. However, the pointing biases or long term variations, e.g.,
beam deflection due to thermal gradients, can readily be removed by
commanding antenna position from the ground to minimize the telemetry
error rate.
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The larger antenna drive requires power of 108 watts average and
176 watts peak from the power subsystem. Also, an additional release
mechanism is required to erect the antenna feed after the antenna has
been deployed.
The 100-waist transmitter primarily affects the power and thermal
control subsystems. The power requirement is increased by 165 watts, or
to nearly twice the power required for the baseline subsystem. This
necessitates the addition of solar cells to the fixed solar array. The
increased power poses a significant requirement on thermal control since
the power dissipation of the subsystem essentially doubles. The impact on
thermal control is discussed in Section4.2.6. Increased louver area on the
upgraded spacecraft disposes of the heat dissipated by the TWT amplifiers,
which require an efficient thermal conduction path in their mounting.
4.2. 12. 3 Hardware Description
The 100-watt power amplifier is very similar in construction to the
50-watt amplifier. Its estimated weight of 10 pounds is approximately
2 pounds heavier than the baseline unit. The volume of the unit increases
by approximately 20 percent. Development risk on the amplifier is expected
to be minimal, since the two contractors currently working on the 50-watt
units have simultaneous 100-watt developments underway.
No change is anticipated to the transmitter exciter.s because the
baseline design has more than adequate margin to meet the higher drive
level requirement.
Some analysis will be necessary to verify the adequacy of the base-
line diplexers at the higher operating power level.
The upgraded antenna (Figure 4- 14) has been designed to provide the
maximum aperture diameter achievable with a rigid reflector. This
diameter is determined by the space available for stowing within the
shroud. The full diameter of the spacecraft has been utilized, yielding a
238-inch diameter antenna. Since the antenna is stowed over the rocket
nozzle, a 6-foot clearance hole is required in the center of the reflector.
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ANTENNA FEED
\
ANTENNA IN STOWED POSITION
WABBLE GEAR DRIVE
COAX CABLE FITTING
Figure4-14
WABBLE GEAR DRIVE
THEHIGH GAIN ANTENNAON THEUPGRADEDSPACECRAFTis 20-ftdiameterparaboloid. Thehole cut in the center enables it to bestowedover the
nozzleof the spacecraftengine.
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The loss in gain from the hole in the reflector is similar to blockage
loss experienced in other reflecting antennas from the feed horn or
subreflector. This loss is usually taken to be directly proportional to the
area loss, which in this case is 10 percent. The normal efficiency of a
focus fed parabola is 55 percent. An additional 10 percent loss results in an
efficiency of 50 percent and a gain of 39. 9 db. The beamwidth is approxi-
mately I. 6 degrees.
The feed for the reflector is the same as that described for the
9.5 foot diameter high gain antenna in Section g of Volume 4. The feed is
illustrated in Figure 4-14. It is located 102 inches from the center of
the reflector giving an f/D ratio equal to 0.43.
The feed is supported on a single tubular boom which is stowed
against the inside of the reflector. During deployment the boom is released
and a spring loaded hinge forces the boom to its normal position with the
feed at the focus of the parabola. A spring loaded locking device holds the
hinge in its final erect position.
The Z0-foot reflector uses the same honeycomb material described
for the baseline medium and high gain antennas. It is an all aluminum
honeycomb with thin aluminum sheet bonded to both inner and outer
surfaces.
The RF transmission line for the antenna is 0. 5-inch semiflexible
coaxial cable. The cable is secured to the feed support beam. A rotary
joint is used at the hinge in addition to the two joints required in the
antenna drive mechanism.
4.2. 12.4 Antenna Drives
The Z0-foot diameter high gain antenna is expected to weigh
approximately 130 pounds. The highest loads seen by the drive mechanism
will occur during an orbit insertion with the capsule released. The drive
mechanism will be required to hold the antenna fixed during engine firing,
which will impose torques of 31, 300 in. -ib on the hinge axis drive and
4, 500 in. -ib on the shaft axis.
These torques will necessitate a larger drive mechanism than used
on the recommended spacecraft. The wabble gear housing diameters of the
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hinge and shaft axes will increase to 8.0 and 4.75 inches, respectively,
as shown in Figure 4-15. The motor for the hinge:axis would be increased
from a Z. Z5 inches diameter to a 5-inch diameter motor with a peak torque
of 14.3 in. -ounces. For a gear ratio of 60, 000:I and an assumed gearing
efficiency of 50 percent, the peak power will be 176 watts, with a running
power requirement of 108 watts. The power required to drive the shaft
axis will be 73 watts peak, 51 watts running.
15 IN, _-_/
I
"_-'3-1/2 IN. DIA
4500 IN-LB
Figure 4-15
UPGRADEDHIGHGAINANTENNADRIVEhasa largerdrivemechanism
than thehighgain antennadriveon the recommended1973spacecraft.
The weight of the upgraded drive mechanism will be approximately
18.8 pounds as outlined below:
Hinge axis: Wabble gear drive unit 11.0
Encoders (3) and housing 1.8
Total 12.8 Ib
Shaft axes: Wabble gear drive unit 4. Z
Encoders (3) and housing i. 8
Total 6.0 ib
Total upgraded high gain antenna drive assembly 18. 8 lb.
4.2. 13 Science Payload
The greater data transmission rates available from the upgraded
spacecraft mean that more photo-imaging data can be gathered and a
greater number of experiments carried. In fact, the full complement of
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additional experiments defined in Section 5 of Volume 5 can be carried,
together with additional film in the recommended film/TV photo-imaging
system. A list of science experiments that will be accommodated on the
upgraded spacecraft is given in Table 4-13.
Table 4-13. Experiments on Upgraded Spacecraft
PSP-Mounted Experiments
Estimated
Weight
(lb)
Augmented film/TV photo-imaging system
(600-foot film supply)
High resolution IR spectrometer
Broadband IR spectrometer
IR radiometer
UV spectrometer
Polarimeter
Meteoroid flash detector
Gamma ray spectrometer
Weight of PSP
Z38
3O
2O
2O
3O
6
8.5
13
(365/'5)
(179.0)
Boom-Mounted Experiments
Magnetometer
Neutron albedo
Weight of Booms
3
IZ
(15)
(17)
Body-Mounted Experiments
Atmospheric mass spectrometer
Solar occultation
Cosmic ray
Micrometeor impact detector
Solar plasma
Solar X-ray
Celestial X-ray
TOTAL
An allocation of 600 pounds has been assumed for performance
calculations.
8.5
18
2Z
16.5
5
7.5
4.5
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No changes are required in the computer and sequencer or command
subsystems to accommodate the additional science instruments, as spare
capacity for this purpose was included in the recommended spacecraft
design. The electrical distribution and pyrotechnic control subsystem
has been configured to accept new science payloads with minimum changes.
The total science payload on the upgraded spacecraft requires
122.9 watts average for an eclipse orbit and 100.33 watts average for a
noneclipse orbit. This compares with 84.99 and 64. 16 watts for the
recommended spacecraft payload. The increase in power is budgeted for
in the upgraded solar array design:
4.2. 13. 1 Photo-Imaging
The photo-imaging system recommended for the upgraded spacecraft
is the same film-camera and color television camera as recommended for
the 1973 spacecraft. The chief variation is an increase in the amount of
film carried (600 feet instead of the 130 feet carried on the 1973 mission).
This provides for a total storage capacity of 3. 1 x 1012 bits of mapping
data, which can be allocated between the medium and high resolution
frames as desired. The increase in film weight is 9 pounds, which entails
an additional 9 pounds of extra shielding.
The increased total data allotment arising from increased data
transmission rates and longer mission lifetime of the upgraded spacecraft
can be exploited by the photo-imaging system in two ways: additional
coverage can be obtained at the same resolutions; or higher resolution
photography can be used. A system capable of higher resolution can be
obtained either by higher intrinsic resolution capability of the sensor, or
by a longer focal length optical system, or a combination of these two.
However, higher resolution entails some greater demands on accuracy of
image motion compensation. Section 7 of Volume 5 describes these pos-
sible changes in more detail for the augmented photo-imaging system.
There will probably be less emphasis on low resolution photography,
therefore, the low resolution camera will be the same in the upgraded
system as in the original system.
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4.2. 13.2 Science Experiments
Adetailed description of the science experiments for the upgraded
spacecraft is given in Volume 5, Section 5.
4.3 UPGRADED SPACECRAFT SYSTEM PERFORMANCE
This section outlines the performance capability of the upgraded
spacecraft system. It is presented essentially in terms of the variations
in performance from that of the recommended spacecraft, as presented
in Volume 2, Sections 3 and 4.
The principal differences are in Sections 4. 3. 1, 4. 3. 4, and 4. 3. 5.
Trajectory performance differs only in that the weight margin is reduced
by the 620 pound greater (dry) weight of the upgraded spacecraft; pro-
pellant capacity remains at 16,000 pounds. The accomplishment of
scientific objectives is enhanced by the greater downlink communication
rate. The factor of six increase in total data transmitted can serve in
many areas, but the obvious beneficiaries of this increase are the orbital
photo-imaging and mapping functions. (The weight statement for the
upgraded spacecraft has 200 of the 720 pounds increase devoted to raising
the science payload from 400 to 600 pounds. The additional 200 pounds
accommodates numerous nonimaging experiments, in addition to adding
film and shielding to increase the number of photographs which may be
taken to utilize the greater data capacity.)
Section 4. 3. 6, on reliability, indicates one significant difference.
This difference does not arise from any component performance changes.
It arises from a more stringent definition of what constitutes success of
the upgraded mission. Having created an expanded data capability, a
backup mode in which the 20 foot high gain antenna is replaced by the
medium gain antenna for downlink transmission of orbital data is no longer
considered mission success, even though the same backup performance
was considered success for the recommended spacecraft.
4. 3. 1 Interplanetary Trajectory and Mars Orbit Gapability
Performance of the upgraded spacecraft may be determined directly
from the data previously presented in Sections 3. 3 and 4. 4 of Volume 2 for
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the recommended spacecraft. This is because the weight differences,
62-0 pounds, between the two spacecraft designs may be accounted for
entirely in the dry weight placed in Martian orbit. The additional weight
contour results for the recommended spacecraft (Volume 2} are converted
to additional weight contours for the upgraded spacecraft simply by deduct-
ing 6Z0"pounds from the former to obtain the latter.
Figures 3-24, Z6, Z7, and 28 of Volume Z showed the perform-
ance capability of the recommended spacecraft to perform 1973 Type I
missions. Several combinations of launch period duration and Mars orbit
size were evaluated. The results are applicable to mission Cases A and
B (see Section 3. 1 of Volume P.). Table 4-14 summarizes the additional
weight capability of the upgraded spacecraft for the 1973 Type I missions.
All data are for the optimum launch period _ and mission Case A. Additional
weight capability for Case B are those for Case A, reduced by 1000 pounds.
As may be seen from the table, ample performance margin is available
with the upgraded spacecraft, including mission Case B, for the 1973
Type I missions.
Table 4- 14. Additional Weight Capability Comparisons--
Optimum 1973 Type I Missions, Upgraded
Spacecraft
Launch Period Duration
(Days)
Mars Orbit Size
Altitudes at Apsides
(kin)
Additional W eight
Capability (Case A)
(lb)
20 1100 x 10,000 4860
Z0 1000 x Z0, 000 6168
30 tl00 x 10,000 3710
30 i000 x Z0,000 4902
Section 4.4 of Volume 2 contains performance capability charts for
the 1975, 1977 and 1979 mission opportunities. Both Types I and II
;:'An optimum launch period is defined here as that combination of launch
date interval-mean arrival date which yields the maximum weight in
Martian orbit for that launch period duration and Mars orbit size.
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trajectories were evaluated for the 1975 and 1977 missions. Once again,
these performance data for the recommended spacecraft may be con-
verted to data for the upgraded spacecraft simply by deducting 620 pounds.
Referring to Figures 4- 8 through 4- i5 of Volume 2, it may be seen
that the 1975 and 1977 Type I missions permit a very limited performance
capability with the 1100 x 10,000 kilometer orbit for Case A; there is no
.t.
additional weight margin for Case B." Increasing the orbit size to
1000 x 20,000 kilometer for these Type I trajectories does provide a
maximum additional weight capability of about 1900 pounds for the up-
graded spacecraft if no apsidal rotation is permitted. This is adequate
for Case A, but is not enough to meet mission requirements for Case B
(7000 pound capsule}. Type II trajectories do afford considerable per-
formance margin for both mission cases and Mars orbit sizes. Maximum
additional weights are tabulated in Table 4-15 for these opportunities.
The 1979 Type I missions give very adequate performance margin
for the upgraded spacecraft for mission Cases A and B. (See Fig-
ures 4- i6 through 4- i9 of Volume 2.) Also, both 20-day and 30-day
launch periods can be utilized. A tabular comparison of the optimum
1979 Type I launch periods is given in Table 4-16 for the upgraded
spacecraft.
Table 4- 15.
Mission Opportunity
Comparison of Optimum 1975 and 1977 Type II
20-Day Launch Periods, Upgraded Spacecraft
Mars Orbit Size
Altitudes at Apsides
(kin)
Additional Weight
Capability (Case A)
(lb)
1975 Typell ii00 x i0,000 6206
1975 Type II I000 x 20, 000 760Z
1977 Type II ll00 x 10, 000 8386
1977 Type II 1000 x Z0,000 9949
Zero additional weight capability for Case B corresponds to 2000 pounds
additional weight capability for Case A in the 1975, 1977 and 1979
mission opportunities.
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Table 4-16. Summary of Optimum 1979 Type I Launch Periods,
Upgraded Spacecraft
Launch Period Duration
(Days)
Mars Orbit Size
Altitudes at Apsides
(kin)
Additional W eight
Capability (Case A)
(lb)
20 ll00x 10,000 4086
20 lO00x 20,000 5326
30 llOOx i0,000 1926
30 lO00x 20,000 2990
4. 3.2 Trajectory Accuracy Capability
The upgraded spacecraft system design will embody the same
trajectory accuracy capabilityas the basic spacecraft system design.
Those items which affect trajectory accuracy (i.e. pointing accuracy of the
control system and execution errors of the propulsion system) will not be
changed in the upgraded system.
4. 3.3 Observance of the Planetary Quarantine Constraint
There is essentially no difference in the means or extent of observing
the planetary quarantine constraint by the upgraded spacecraft, compared
with the recommended.
The pointing accuracy will permit equal propulsive maneuver
execution accuracy to be achieved, so all trajectory biasing concepts will
be the same.
The greater size of the high gain antenna has two effects. The over-
all external surface area is increased, giving greater exposure to effects
which may lead to contamination by efflux and ejecta, for example, by
particles dislodged spontaneously or ejected by meteoroids. However, this
area increase is small compared with the uncertainty with which proba-
bility of this sort of contamination can be predicted. A second effect of
the larger antenna is the greater difficulty of restricting line-of-sight
visibility between this nonsterile spacecraft component and the sterile
lander, when the lander is exposed by removal of the canister lid.
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Assuming the lid is removed when in orbit, and only a short time before
capsule separation, this line-of-sight visibility can be prevented by
folding the large dish about its first gimbal axis to a nonvisible orienta-
tion, and using the medium gain antenna exclusively for spacecraft-to-
earth communications during the period of capsule exposure preceding
separation.
4. 3. 4 Accomplishment of Scientific Mission Objectives
The science experiments carried on the upgraded spacecraft are
given in Section 4. 2. 5 of this Volume. With a six-fold increase in down-
link data rates available from the upgraded spacecraft, the amount of
science experiment and photo-imaging data can be increased accordingly.
As briefly described in Section 4. 2. 5, the significant advantage of the
higher data rates accrues to the photo-imaging system. The higher data
rates available on the upgraded spacecraft will allow filling in of
uncovered areas of the planet at medium and high resolutions in a much
shorter time with concentration on areas of interest identified during the
earlier missions. In addition, more stereo-photography can be obtained
for medium resolutions to complete the mapping of areas previously
covered in monoscopic photography only. Additional color photo-imaging
can also be obtained in stereo. The mix of mapping resolutions can also
be shifted toward obtaining higher resolution photo-imaging data with a
correspondingly greater amount of planet coverage at higher resolution
than would be available on the recommended spacecraft.
The propulsion system performance capability of the upgraded and
the recommended spacecraft allow considerable flexibility in the choice of
orbital parameters. For example, the periapsis altitude can be lowered
to obtain higher resolution photography without changing the basic photo-
imaging system elements. Spacecraft performance is also available to
allow rotation of the apsides to cover planet areas at higher resolutions
that would otherwise be obtained only after many orbits, and also to take
advantage of better illumination angles if required.
The upgraded and the recommended spacecraft can be compared on
an equal basis by assuming that both spacecraft carry exactly the same
science payload which includes all of the additional scientific experiments
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listed in Section 4.2. 5, and a film/TV photo-imaging system. (The
upgraded spacecraft film system would have the added film capacity to
exploit the increased data rate.) Additionally for purposes of equal
comparison it is assumed that the mission life is equal and the trajectories
are similar although spacecraft weight differences make this a less
accurate assumption.
For the recommended spacecraft, including all additional science
experiments, the amount of science data transmitted in a nominal (1000 x
20,000 kilometers) orbit is approximately 7. 8 x 107 bits. Since it is not
anticipated that the amount of data required for the experiments will increase
over that specified in the estimated data-taking sequences shown in
Volume 5 (Section 6), and with a six-fold increase in transmission rates,
the percentage of time required for transmitting all of the science experi-
ments data becomes negligible. This leaves, in turn, an even greater
proportion of the link available for gathering photo-imaging data. The
detailed data available from the scientific experiments for the upgraded
spacecraft and the objectives met by the experiments are given in
Volume 5 and will not be repeated in this section.
The major advantage of the increase in data is that the upgraded
spacecraft now becomes the equivalent of six recommended spacecraft
in the amount of photo-imaging and science experiments. At the same
camera resolutions and the same altitudes, the upgraded spacecraft
provides equal mapping coverage six times faster and, thus, for equal
arrival dates is more reliable. Mapping at low and medium resolutions
can be completed quickly and the shift to higher resolution mapping can
take place earlier in the mission. For example, only 26 percent of the
planet can be mapped at I00 meters resolution in 6 months on a recom-
mended spacecraft. For the upgraded spacecraft, I00 percent of the
planet can be mapped at I00 meters resolution in approximately 3. 8 months.
More stereo can also be obtained at medium resolutions. The above
argument was based on carrying equal resolution photo-imaging systems.
However, the upgraded spacecraft can also carry higher resolution systems
and provide equal surface coverages at higher resolutions in equal times.
Such systems are discussed in Volume 5, Section 7.2.
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4. 3. 5 Communications Performance
Volume Z, Sections 3.7 and 4. 8 have discussed the anticipated
communications performance for the recommended spacecraft configura-
tion. The upgraded spacecraft provides a communication rate six times
that of the recommended spacecraft. Except for this increase in data
rate, the way in which the upgraded system performs is no different
than for the recommended design.
Figures 4-16 through 4-21 indicate the cumulative data as a func-
tion of days after encounter for three encounter dates for mission launches
in 1973, 1975, 1977 and 1979. Section 4. 3. 4 discusses how this increased
data capacity is used to make the mission more meaningful and how pro-
gramming can be altered as a result of completing certain tasks earlier
in the mission. The consequence is that a great deal more high resolu-
tion, steroscopic and color information can be attained. All the graphs
have been based on the assumption that data is transmitted for Z4 hours
each day and that the data rate is determined by the system operating
poorer than nominal by the sum of the negative tolerances. Inasmuch as
both these assumptions are unrealistic and tend to compensate for each
other, the net results is probably quite reasonable and adequate for
further planning purposes.
4.3. 6 Probability of Success
The results of a comparison between the mission success estimates
of the recommended and upgraded spacecraft configurations is shown in
Table 4-17. The subsystem design changes which caused a variation in
the estimates are described and the magnitude of the changes is shown.
Three combinations of spacecraft configuration and mission success
criteria were considered, and their reliability levels estimated. The
"Recommended--Recommended" column of Table 4-17 shows the estimates
for the recommended configuration accomplishing the 1973 Mars vnission.
This configuration and corresponding reliability analysis, including
assumptions and success criteria, are presented in Volume 2, Sec-
tion 3.8. The ,,Upgraded--Recommended" column shows the minor
reliability degradation which results if the recommended configuration
is changed to upgraded and the mission objectives remain the same,
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Figure 4-10
TOTALDATATRANSMITIED 1973LAUNCHof upgradedspacecraft is computedon the basisof the adaptivedata rates recommendedfor the telemetry
and data storage subsystem'.
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Figure 4-17
TOTALDATA TRANSMITTED TYPEI, I975 LAUNCHof upgradedspacecraft is computed on the basis of the adaptivedata rates recommendedfor the telemetry
and data storage subsystem'.
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TOTAL DATA TRANSMITTED TYPE II 1975 LAUNCH of upgraded spacecraft is computed on the basis of the adaptive data rates recommended for the
telemetry and data storage _ubsystem'.
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Figure 4-1g
TOTAL DATA TRANSMITTED TYPE 1 1977 LAUNCH of upgraded spacecraft is computed on the basis of the adaptive data rates recommended for the
telemetry and data storage _ubsystem.
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TOTALDATA TRANSMITTED TYPEI I 1977LAUNCHof upgradedspacecraft is computedon the basis of the adaptivedatarates recommendedfor
the telemetry and data storagesubsystem.
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e.g., the mission is not considered a failure if additional science experi-
ments are not deployed properly, or if the high gain antenna fails, etc.
The "Upgraded--Upgraded" column reflects the subsystem reliability
estimates which result if the upgraded configuration must utilize its
added capabilities to successfully accomplish the upgraded mission
objectives.
Comparing the results of columns (1) and (2) show the impact of the
basic spacecraft design changes on reliability since the mission success
criteria are the same. This difference, which is attributed to changes in
the electrical power, telemetry and data storage, S-band radio, and
electrical distribution subsystems and the additional propulsion burn
time, is considered insignificant relative to the precision of the estimates.
For the change from (1) to (3), a significant difference results; the
primary reason being the change in the success criteria for the S-band
radio subsystem. For the mission of column (1), the medium gain antenna
is considered a complete backup to the high gain anteima; however, for
the upgraded mission, the high gain antenna is considered an in-line,
mission-critical element. This indicates the need for investigating
methods of compensating for failure of the high gain antenna used in the
upgraded configuration.
A comparison of columns (2) and (3) indicate that the upgraded
configuration can accomplish the upgraded mission, and as a backup mode
of operation still perform the mission assigned to the recommended
configuration. A more realistic estimate of the probability of mission
success would include the probability of completing the upgraded mission
objectives plus a delta due to the probability of completing the recom-
mended mission objectives and the value of accomplishing them. The
significance between columns (1) and (3) would then be a function of the
relative importance of completing these lesser objectives.
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provides equal mapping coverage six times faster and, thus, for equal
arrival dates is more reliable. Mapping at low and medium resolutions
can be completed quickly and the shift to higher resolution mapping can
take place earlier in the mission. For example, only 26 percent of the
planet can be mapped at I00 meters resolution in 6 months on a recom-
mended spacecraft. For the upgraded spacecraft, I00 percent of the
planet can be mapped at I00 meters resolution in approximately 3. 8 months.
More stereo can also be obtained at medium resolutions. The above
argument was based on carrying equal resolution photo-imaging systems.
However, the upgraded spacecraft can also carry higher resolution systems
and provide equal surface coverages at higher resolutions in equal times.
Such systems are discussed in Volume 5, Section 7. 2.
4. 3. 5 Communications Performance
Volume 2, Sections 3.7 and 4.8 have discussed the anticipated
communications performance for the recommended spacecraft configura-
tion. The upgraded spacecraft provides a communication rate six times
that of the recommended spacecraft. Except for this increase in data
rate, the way in which the upgraded system performs is no different
than for the recommended design.
Figures 4-16 through 4-21 indicate the cumulative data as a func-
tion of days after encounter for three encounter dates for mission launches
in 1973, 1975, 1977 and 1979. Section 4. 3. 4 discusses how this increased
data capacity is used to make the mission more meaningful and how pro-
gramming can be altered as a result of completing certain tasks earlier
in the mission. The consequence is that a great deal more high resolu-
tion, steroscopic and color information can be attained. All the graphs
have been based on the assumption that data is transmitted for 24 hours
each day and that the data rate is determined by the system operating
poorer than nominal by the sum of the negative tolerances. Inasmuch as
both these assumptions are unrealistic and tend to compensate for each
other, the net results is probably quite reasonable and adequate for
further planning purposes.
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Figure 4-16
TOTAL DATA TRANSM ITiED 3.973 LAUNCH of upgraded spacecraft is computed on the basis of the adaptive data rates recommended for the telemetry
and data storage subsystem'.
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Figure 4-17
TOTAL DATA TRANSMITTED, TYPE I, 1975 LAUNCH of upgraded spacecraft is computed on the basis of the adaptivedata rates recommended for the telemetry
and data storage subsystem.
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Figure 4-18
TOTALDATATRANSMITFED TYPEII 1975LAUNCHof upgradedspacecraft is computed on the basisof the adaptivedata rates recommendedfor the
telemetry and data storage _,ubsysten_'.
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Figure 4-19
TOTALDATATRANSMITTED TYPEI 1977LAUNCHof upgradedspacecraft is computedon the basis of the adaptivedata rates recommendedfor the
telemetry and datastorage _,ubsyste_.
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Figure 4-20
TOTALDATATRANSMITTEDTYPEII 1977LAUNCHof upgradedspacecraftis computedon thebasisof the adaptivedataratesrecommendedfor
thetelemetryanddatastor:_gesubsystem.
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TOTALDATATRANSMITTEDTYPEI 1979LAUNCHof upgradedspacecraftis computedonthebasisofthe adaptivedataratesrecommendedforthe
telemetryanddatastorage,_ubsyste_.
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4. 3. 6 Probability of Success
The results of a comparison between the mission success estimates
of the recommended and upgraded spacecraft configurations is shown in
Table 4-17. The subsystem design changes which caused a variation in
the estimates are described and the magnitude of the changes is shown.
Three combinations of spacecraft configuration and mission success
criteria were considered, and their reliability levels estimated. The
"Recommended--Recommended" column of Table 4-17 shows the estimates
for the recommended configuration accomplishing the 1973 Mars mission.
This configuration and ..... _u_ding reliability analysis, including
assumptions and success criteria, are presented in Volume 2, Sec-
tion 3.8. The "Upgraded--Recommended" column shows the minor
reliability degradation which results if the recommended configuration
is changed to upgraded and the mission objectives remain the same,
e.g., the mission is not considered a failure if additional science experi-
ments are not deployed properly, or if the high gain antenna fails, etc.
The "Upgraded--Upgraded" column reflects the subsystem reliability
estimates which result if the upgraded configuration must utilize its
added capabilities to successfully accomplish the upgraded mission
objective s.
Comparing the results of columns (I) and (2) show the impact of the
basic spacecraft design changes on reliability since the mission success
criteria are the same. This difference, which is attributed to changes in
the electrical power, telemetry and data storage, S-band radio, and
electrical distribution subsystems and the additional propulsion burn
time, is considered insignificant relative to the precision of the estimates.
For the change from (I) to (3), a significant difference results; the
primary reason being the change in the success criteria for the S-band
radio subsystem. For the mission of column (1), the medium gain antenna
is considered a complete backup to the high gain antenna; however, for
the upgraded mission, the high gain antenna is considered an in-line,
mission-critical element. This indicates the need for investigating
methods of compensating for failure of the high gain antenna used in the
upgraded configuration.
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A comparison of columns (21and (3) indicate that the upgraded
configuration canaccomplish the upgraded mi ssion, and as a backup mode
of operation still perform the mission assigned to the recommended
configuration. A more realistic estimate of the probability of mission
success would include the probability of completing the upgraded mission
objectives plus a delta due to the probability of completing the recom-
mended mission objectives and the value of accomplishing them. The
significance between columns (I) and {3) would then be a function of the
relative importance of completing these lesser objectives.
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APPENDIX A
ALTERNATE REDUNDANCY CONFIGURATIONS
I. INTRODUCTION
This appendix contains detailed data generated during TRW's system
reliability analysis of alternate redundancy configurations. The signifi-
cance of this backup data is discussed in Section 3.7 of this volume.
Table A- i. Configurations of Structures and Thermal
Control Subsystem
Configuration
Number Reliability Weight (Ib) A Cost
1 0. 8931 2067.8 0.00
2 0. 9078 2078.8 0.02
3 0. 9225 2089.8 0.03
4 0. 9372 2100.8 0.05
5 0. 9663 2111.8 0.06
6 0. 9677 2122.8 0.08
7 0. 9692 2133.8 0.09
8 0. 9707 2144.8 0. ii
9 0.9722 2155.8 0. 12
10 0. 9742 2166.8 0. 14
II 0.9752 2177.8 0.15
12 0. 9766 2188.8 0. 17
13 0. 9781 2 199.8 0.18
14 0. 9801 2221.8 0.21
15 0. 9820 2243.8 0.24
16 0. 9831 2276.8 0.29
17 0. 9841 2309.8 0.33
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Table A-2. Configurations of the Propulsion
Subsystems
Configuration
Numb er R eliability Weight (Ib) /XCost
1 0. 9205 1045.9 0.00
2 0. 9307 1098.7 0. 15
3 0. 9339 1142.7 0.22
4 0. 9518 1120.7 0.20
5 0. 9623 1173.5 0.35
6 0. 9656 1217.5 0.42
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Table A-3.
Configuration
Numb e r
Configurations of the Electrical
Power Subsystem
R e liability Weight (lb) A Cost
1 O. 7764 276.4 O. O0
* O. 7975 288.0 O. I0
2 O. 7965 280.8 O. 04
_:_ O. 8139 287.6 O. 20
3 O. 8160 281.7 O. 04
4 O. 8486 406.2 O. 13
* 0.8181 292.4 0.14
":-" 0. 8361 299.0 0.30
*- 0. 8382 293.3 0. 14
* 0. 8717 417.8 0.23
* 0. 8349 291.8 0.24
5 0. 8371 286. I 0.08
6 0. 8705 410.6 0.17
7 0. 8555 292.7 0.24
* 0. 8896 417.2 0.33
8 0.8919 411.5 0. 17
* 0. 8577 303.4 0.34
9 0. 8599 297.7 0. 18
* 0. 8942 422.2 0.27
* 0. 8788 304.3 0.34
* 0. 9138 428.8 0.43
10 0. 9162 423. I 0.27
II 0. 8775 297. I 0.28
* 0. 9126 421.6 0.37
12 0.9149 415. 9 0.21
13 0. 9350 422.5 0.37
14 0. 9014 308.7 0.38
* 0. 9374 433.2 0.47
15 0. 9398 427.5 0.31
16 0. 9605 434. I 0.47
17 0. 9591 426.9 0.41
A-5
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Table A-3. Configurations of the Electrical
Power Subsystem (Continued)
C onfigur ation
Numb e r Reliability Weight (lb) ACost
18 0.9853 438.5 0.51
, 0.9865 443.8 0.55
19 0.9893 439.8 0.53
20 0.9905 445.1 0.57
":-'Lower reliability and higher weight and cost than another
alternative.
Table A-4. Configurations of the Electrical
Distribution Subsystem
Con_guration
Number Reliability Weight (lb) _Cost
1 0.8610 262.6 0.00
2 0.9000 269.2 0. I0
3 0.9410 275.8 0.20
4 0.8710 269.2 O. lO
5 0.9106 275.8 0.20
6 0.9519 282.4 0.30
7 0.8985 282.4 0.30
8 0.9393 289.0 0.40
9 0.9819 295.6 0.50
I0 0.9146 297.8 0.53
II 0.9563 304.4 0.63
12 0.9997 311.0 0.73
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Table A-5. Configurations of the Command and
Sequencing Subsystem
Configuration
Number
1
Z
3
4
5
6
7
8
9
I0
Ii
12
13
14
15
R eliability
0. 722Z
0. 7346
0. 7510
0. 7640
0. 7670
0. 7801
0. 7976
0.8113
0. 8688
0. 8837
0. 9035
0.9190
0.9ZZ7
0. 9385
0. 9596
0. 9760
0. 9928
Weight (lb)
8.0
10.8
10.9
13.9
13.8
14.3
14.5
19.5
44.9
47.8
47.9
50.8
50.7
53.5
53.6
56.5
93.5
&Cost
0.00
0.16
0.07
0.23
0.09
0.25
0.16
O. 42
0.40
0.54
0.47
0.63
0.49
0.65
0.56
0.71
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Table A-6.
Configuration
Number
Configurations of the Telemetry and
Data Storage Subsystem
Reliability Weight (Ib) ACost
1 0. 7429 87.0 0.00
2 0. 7432 175.0 0.28
3 O. 7456 98.0 O. lO
4 O. 7460 186.0 O. 38
_':-_ 0. 7763 183.8 0.68
5 O. 7763 95.8 O. 40
6 O. 7792 106.8 O. 50
7 O. 7795 194.8 O. 78
;:4 O. 9175 219.0 O. 42
8 O. 9175 131.0 O. 14
_:_ O. 9209 230.0 O. 52
9 0. 9209 142.0 0.24
_-" O. 9449 263.0 O. 56
I0 O. 9449 175.0 O. 28
Il O. 9484 186.0 O. 38
12 O. 9488 274.0 O. 66
13 O. 9588 139.8 O. 54
14 O. 9592 227.8 O. 82
15 O. 9623 150.8 O. 64
16 O. 9628 238.8 O. 92
17 O. 9874 183.8 O. 68
18 O. 9878 271.8 O. 96
19 O. 9910 194.8 O. 78
20 O. 9915 282.8 i. 06
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Table A-7. Configurations of the S-Band
Radio Subsystem
Configuration
Number Reliability Weight (lb) /x Cost
1 O. 5637 41.7 O. O0
* O. 5790 42.8 O. 08
2 0.6316 71.0 " 0.33
3 O. 7750 165. I O. 56
4 O. 6259 66.5 O. 26
* O. 6321 92.3 O. 52
* O. 7930 189.9 O. 82
* O. 7957 215.7 I. 08
5 O. 6488 72. l O. 41
6 O. 7961 166.2 O. 64
7 O. 6429 67.6 O. 34
":" O. 6493 93.4 O. 60
8 O. 8146 191.0 O. 90
* 0.8174 216.8 0.16
9 O. 8684 194.4 O. 89
lO. O. 7013 95.8 O. 59
* O. 7082 121.6 O. 85
* 0.8885 219.2 I. 15
* O. 8916 245.0 I.41
l1 O. 8920 195.5 O. 97
12 O. 7204 96. 9 O. 67
* O. 7275 122.7 O. 93
13 O. 9127 220.3 I. 23
14 0.9159 246. I 1.49
15 O. 9347 269.3 1.32
16 O. 9576 296.3 i.65
17 O. 9808 300.7 i. 77
* O. 9383 273. 1 1.82
18 O. 9567 277.5 i. 94
19 0.9602 322. I 1.91
20 O. 9835 326. 5 2.03
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Table A-8. Configurations of the Guidance and
Control Subsystem
Configuration
Number Reliability Weight (lb) &Cost
1 0.8001 204.7 0.00
* 0.8092 280.6 1.28
2 0.8142 219.0 0.58
* 0.8233 294.7 1.86
3 0.8274 222.3 0.61
* 0.8367 298.2 !.89
* 0.8416 236.6 1.19
4 0.8513 230.0 0.99
* 0.8513 312.5 2.47
5 0.8527 257.5 0.35
* 0.8609 315.9 2.27
* 0.8624 333.4 1.63
6 0.8660 244.3 1.57
7 0.8675 271.8 0.93
* 0.8758 320.0 2.85
* 0.8774 347.5 2.21
8 O. 8802 247.6 I.60
9 0.8817 275. 1 0.96
* 0. 8902 323.5 2.88
* 0. 8916 351.0 2.24
10 0.8955 261.9 2.18
* 0.8969 289.4 1.54
* 0.9055 337.8 3.46
ii 0.9071 282.8 1.34
* 0.9072 365.3 2.82
12 0.9149 358.7 2.62
13 0.9229 297.1 1.92
* 0.9333 373.0 3.20
14 0.9380 300.4 1.95
* 0.9422 376.3 3.23
15 0.9543 314.7 2.53
16 0.9650 390.6 3.81
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